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PREFACE

There are several static aeroclastic effects and related problems which are of considerble importance in the design of
modern high-performance aircraft. Static aeroelastic effects are manifested in the form ot changes in the aerodynamic load or
lift distribution on the aircraft. These changes affect the structural intcgrit. of the vehicle, its static aeroelastic and flight
stability, the effectiveness of control surfaces, and the overall flight performance. The characteristics and magnitude of these
aeroelastic effects are dependent on the aerodynamic shape of the vehicle, its structural stiffness, and the particular flight
conditions primarily in terms of Mach number and dynamic pressure. For optimal structural and flight control systen design.
all these static aeroelastic effects must be taken into account in a realistic manner, and this demands coordinated effort in
several areas.

In this Specialists' meeting on "Static Acroelastic Effects on Htigh-Performance Aircraft- instances of these problems are
reviewed and it is demonstrated how modern tools for structural and aeroelastic analyses can be successfullk applied in \ iey of
structural optimization. The individual papers of the Meeting cover man, aspects of static acroelaticit, not onl [or military
aircraft but also for modern transport aircraft. The various papers also address problems and recent progress in vindtunnel
model testing. in particular measurement of static deformations (in windtunncl models.

H1.Forsching
Chairman. Subcommittee on
+,\eroelastieit.s



ABSTRACT

Modemn high performance aircraft designs tend to employ very thin airfoils having a degree and a distribution of stiffnes
far from the ideal; in consequence. there is aloss of control effectiveness and manoeuverability. Moreover, thle introduction (if
the highly forward-swept-wing planform poses a static aeroelastic effect of fundamental importance: these effects are felt at
model as well as at full scale. This meeting was organized not only to review instances of these problems hut to see ho'A
successfully modem tools for structural and aeroelastic analysis can he applied.

The individual papers of the meeting cover many aspects of static aeroelasticity not only for military aircrafi but also for
modem transport aircraft. The various papers also address problems and recent progress in wAind tunnel model testin. in
particular measurement of static deformations on wind tunnel models.

RESUME

Les avion.% modernes ?t hautes performances (tnt tendance at utiliser des voilures tre-s mince% avant un degre de rigidite et
une rtepartition de cette rigidit qui sont loin de EidWal: en eonstiquene. on observe une perte defficacite de% commandes ct sic
maniabilit6. En outre. l'introduction de la forme d'ailes a forte fl~che negative pose un probleme d'effet aeroclastique %tatique
d'une importance capitale: de tels effets se ressenteni sur les maquett.% aussi bien quecn vrai grandeur. (ette reunion a etc
organisce non seulement pour passer en revue des exemples de ces probliemes mais aussi pour voir dans quelte mcsure les outils
modernes destin6s tanalyse structurale ct a6rolastique peuvent tre utiliscs efficacement.

Les expous6 particuliers present~s au cours de la reunion traitent de nombreux aspects de l'acroviasticise statique non
seulement des avions mililaires mais aussi des avions de transport modernes. Les diffmrens expo..s traitent egalement de,
probl&mes recontres et des progres r~cents enrcgistr6 au cours des essais sur maquette en soufflene. en particulier en cc u
concerne la mesure des deformations statiques observees sur des maquettes en souffleric.
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Examples of Static Aeroelastic Effects

on Present Combat Aircraft Projects

by

W. E. Sharpe

Principal Aerodynamicist

and

J. B. Newton

Senior Aerodynamicist

Aerodynamics Department,
British Aerospace Plc,

Military Aircraft Division,

Warton, Preston,

Lancashire, PR4 IAX

Abstract

The paper first describes results of static aeroelastic calculations for a recent canard/cranked delta

fighter project, in which a complete aircraft aerodynamic and structural model is used to demonstrate
fully-interacted "free" aircraft deflection modes and resulting stability effects. The significance of

these results is illustrated by comparison with corresponding "fixed root" calculations, thereby

indicating a requirement for complete aircraft aeroelastic modelling at the earliest possible stage in

project design.

Aeroelastic modelling of external stores in the context of store/aircraft integration is also discussed.

Finally, the correction of high-speed wind-tunnel model results for aeroelastic distortion is addressed,
indicating those parameters which are likely to be significantly affected.

Notation

B Moment of inertia in pitch

Q Free-stream dynamic pressure V
2

3 Ambient density

V Free-stream velocity

S Wing reference area

b Wing span

Wing mean aerodynamic chord

CL Lift coefficient - lift/QSU

C
M  

Pitching moment coefficient - pitching moxent/QSr

C
1  

Roiling moment coefficient rolling moment/QSb/x

4Aircraft incidence

g Acceleration due to gravity

n Normal acceleration factor

4Pitch acceleration

C
L  

Lift derivatives due totc, n and respectively

C ,, Pitching moment derivative due totc, n and 4 respectively

p Steady state roll rate

VDifferential flaperon angle

CIP Roll damping derivative - 4Cl/)(pb/2V)

C1, Flaperon roll derivative - 4Cj/ &
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Notation ctd.

N Store normal force

y Store side-force

Roll damping aeroelastic efficiency

Flaperon aeroelastic efficiency

I. Introduction

Much attention is paid to static aeroelastic optimisation of combat aircraft structures during the

preliminary design stage with the aim of achieving minimum structural mass while meeting a range

of aeroelastic design requirements.

This paper concentrates on the aerodynamic aspects of the optimisation and illustrates the changes

to stability and control, and loading as the design progresses from the component aeroelastic

assessment to the full aircraft representation. The effect of aeroelastics on wind tunnel model

design is also discussed.

Five topics are chosen to illustrate the importance of static aeroelasticity on aerodynamic

design. The first three

" Aircraft Roll Requirement

" Aircraft Pitch Effectiveness

" Effect of Aeroelastics on Aircraft Longitudinal Stability

are related to a wing-foreplane configuration. The fourth subject

* Effect of Aeroelastics on Store Design Loads

discusses stores mounted under a variable sweep wing. The final topic

* Aeroelastics Considerations in Wind Tunnel Model Design

concentrates on the complexity of modular model design which allows versatility during

configuration development.

2.0 Aircraft Roll Requirement

Conventional combat aircraft have historically used ailerons or spoilers to generate roll power.

More recently, with the advent of all moving tail surfaces, differential tailplane has been used

to augment roll performance particularly at high speed where ailerons are prone to control

reversal while the all moving surfaces maintain reasonable effectiveness.

For close coupled canard configurations differential deflection of the foreplane produces

negligible rolling moment due to opposing aerodynamic interference on the wing; therefore it is

necessary to resort to wing trailing edge flaperons to produce aircraft roll power. Because the
flaperons are therefore the only means of producing roll control , the roll requirement generally

dictates the structural optlimisation.

Wing twist requirements to meet aircraft performance at cruise and combat 'g' are often

compromised by the primary need to produce rolling moment at high speed (Ref I). Divergence speed
limits and flutter frequency separation are also included in the optimisation requirements. Other

secondary requirements include optimum flap twist to maintain aircraft performance, and limits on
wing to flaperon deflection, i.e., flap bowing, to ensure the control surface remains

aerodynamically effective.

The roll requirement is generally defined in terms of aircraft time to bank. For convenience this

is then interpreted as an equivalent maximum steady roll rate for the structural optimisation.
The following equation defines the aeroelastic roll effectiveness given the maximum allowable

differential flaperon angle and required steady roll rate.

CZ, phr - 1,ct
2V

Therefore roll effectiveness-It - .1 Pb I
IP C4  2V I

* Outboard leading edge controls have in the past been used to augment roll control, and

increasing aeroelastic effectiveness with speed makes this an attractive option. However, because

leading edge devices are primarily a means of controlling flow over the wing, differential

movement can produce undesirable aerodynamic effects and should only be used as a palliative

action.
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It is evident that rigid aerodynamic distributions representing both roll damping C', and
flaperon roll power C1 must be included in the structural optimisation together with aerodynamic
influence coefficients to allow the change in aerodynamics due to strutural distortion to be
calculated. Successive iterations within the optimisation program produce an idealised minimum
weight structure to meet the strength and aeroelastic requirements. The idealised structure is
subsequently 'engineered' to respect the practical aspects of structural design. A trade study

including the flaperon actuators and associated hydraulic systems, controlled by actuation load,

ideally produces the optimum total mass.

The flight conditions to which the structure is optimised are dependent on the aircraft role and

defined as part of the aircraft specification. For an interceptor aircraft this includes both
subsonic and supersonic high speed conditions, for example, , - 0.9 sea level (S.L.) and M - 1.6
at the design diving speed (V ). However, the corner point of the flight envelope, i.e.. V at

l aL
low altitude requires consideration because experience shows minimum fiaperon effectiveness occurs

at this flight condition. Results at three flight conditions are therefore presented in this

paper, namely M - 0.9/S.L., M = 1.2/V
L 

and N - 1.6/V
L
*

2.1 Flaperon Roll Effectiveness

Figure 2 shows the variation of flaperon roll effectiveness with dynamic pressure at the
three chosen flight conditions for the configuration given in Figure I. Three points to be

observed are:

(i) Minimum flaperon roll effectiveness occurs at M = 1.2 and therefore justifies

inclusion in the optimisation criteria.

(ii) Minimal outboard flaperon effectiveness is available at M - 1.2/V
L. Any small

variation in structural properties could render the control totally ineffective and

therefore any apparent roll power should not be relied upon.

(iiI) There is a significant reduction in effectiveness between fixed root wing
representation and fully flexible aircraft. It is important to take this effect into
account during the early phases of optimisatlon when it may be necessary to consider
the wing in isolation with fixed root structure because the configuration is otherwise

not frozen.

2.2 Aircraft Roll Rate

The aeroelastic effectiveness already described is interpreted in terms of percentage

maximum required steady roll rate in Figure 3 for the wing optimised to requirements at N =

0.9 S.L. and M - 1.2/V . The consequent roll performance at N - 1.6/V
L 

is also shows-.

A prohibitive mass penalty results if the maximum required steady roll rate Is required at
the M - 1.2/V

L 
flight condition. However, this condition is not usually included in the

primary operating zone and therefore the requirement can be relaxed to a magnitude which
allows the aircraft to rezain control particularly at low level. This is described as the

minimum allowable steady roll rate.

The main points illustrated in Figure 3 are:

(i) Having optimised the wing to requirements at H - 0.9 and M = 1.2, excess roll rate is

available at M - 1.6.

(ii) There is a marked reduction in rigid roll rate between wing in isolation and the full

configuration particularly at M - 1.2 where the increased roll damping is aggravated
by adverse effects of flaperon on fin.

(iII) An allowance for the difference between the fixed root wing and fully flexible

aircraft should be included in early optimisation work.

(iv) The small contribution of outboard flaperon to roll rate is discounted at M - 1.2V
L

because of its potential zero effectiveness.

The trough in roll performance at M - 1.2/V is well illustrated in Figure 4. There is a
marked recovery with increasing altitude, with an almost constant rate being available at
20,000ft. over the full Mach number range.

3.0 Aircraft Pitch Effectiveness

The comparison of flaperon roll and pitch effectiveness is illustrated in Figure 5. This clearly
shows the flaperons to have much greater aeroelastic effectiveness in pitch than roll at all
comparable flight conditions and hence why generally it is not necessary to include a pitch

effectiveness requirement in the structural optimisation.

The aeroelastic mechanism is different for the two cases. An aeroelastic lift loss is generated
in both roll and pitch, but the loss occurs predominantly on the outer wing forward of the rigid

lift centre due to flaperon deflection. Hence, with roll, there is an inboard shift of centre of
pressure, thus aggravating the loss of rolling moment. In pitch there is an aft shift of centre
of pressure which enhances the pitching moment.
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4.0 Effect of AeroelastIcs on Aircraft Longitudinal Stability

In early design phases it is convenient to consider separately the seroelastic effect on load
distributions representing different aircraft parameters, for example, incidence, sideslip,
inertia, The variation of rigid non-dimensional lift distribution with aircraft incidence,
Integrated, represents C and C_ and hence C/C , which as a first approximation represents
the rigid aircraft longiudinal stability. However, the aeroelastics resulting from this case
cannot be taken in isolation to represent the aeroelastic longitudinal stability. The aircraft
mass distribution with an applied unit vertical acceleration, taken as a separate aeroelastic
case, generates aerodynamic lift due to structural distortion and which, in combination with
applied inertia, gives an effective shift of centre of gravity varying with speed. The true
change of longitudinal stability can be obtained by combining the aeroelastica resulting
from the individual incidence and mass cases. The latter cases are termed fully flexible 'fixed'
aircraft aeroelastics because the structural model must be fixed in space, being unbalanced by
other forces.

The fully flexible 'free' aircraft aeroelastics are obtained by balancing lift and pitching moment
due to incidence by inertia loads resulting from vertical and pitch acceleration. For an aircraft
weight W and unit incidence,

nW - C .+ C Ln + " i'O CLe +C n+C

_q - C LM. + Cg.n + CM,.4

QSz
Solutions for n and 4 give the combining factors to produce the total aerodynamic contribution

representing the fully flexible 'free' aeroelastic CL. and CH. and thus longitudinal stability.

CLIfree " CLfixed + CL,.n + CL'.
4

%free - %fixed + C,.n + M.4

The importance of this effect is illustrated in Figure 6. The diagram shows rigid 'fixed' and
'free' aeroelastic contributions to C 1- CH, and C IC at M - 0.9 S.L. and M - 1.2/VL . At M
0.9 the 'fixed' results give an apparent significant reduction in stability whereas the more
representative 'free' interpretation shows little change from rigid. A significant difference
between 'fixed' and 'free' is also evident at M - 1.2.

S. Effects of Aeroelastics on Store Design Loads

Most modern combat aircraft are designed to carry stores externally, e.g., weapons, fuel tanks and
systems pods. Prediction of Installed store loads consequently forms a major part of the aircraft
design and flight-clearance process. For wing-mounted stores the aeroelastic behaviour of the
wing/pylon/store configuration can have a significant effect on store carriage loads (and hence
release/jettison behaviour) and must be adequately allowed for in the design and flight clearance
stages of project development.

An example of these effects has been chosen from aeroelastic calculations for a typical missile
and systems pod carried on the inboard and outboard under-wing pylons of a current
variable-geometry combat aircraft (fig. 7).

In this study, a finite-element model of the total aircraft structural flexbillities (including
pylons, internal control rods and ERU attachments, but with rigid stores) is used in conjunction
with a subsonic aerodynamic panel model (Vortex Lattice) of the aircraft store configuration (fig.
7) to calculate store loads for the rigid and flexible aircraft.

Typical results are shown in figs. 8, 9 for the variations of store normal force and side force
(body axes) with free-stream dynamic pressure during a symmetric, high 'g' manoeuvre at Math 0.9.

The loads are expressed as percentages of the total "rigid" load and, in the case of normal force,
separated into aerodynamic and inertia components.

These results clearly show the significant effects of aeroelastic distortions (primarily wing and
pylon bending) at high dynamic pressures on total store loads, even for these "high density"
stores for which inertia loads tend to dominate the total normal force (e.g. 27% increase in pod
normal force; 41% increase in missile side force).

Hence some approximate allowance for these effects must be made in the estimation of initial
design loads for a new combat aircraft, based on similar experience from previous projects. When
the stage Is reached where detailed structural and aerodynamic descriptions of the aircraft become
available, the effect of total aircraft flexibility on installed sore loads should be evaluated
as a basis for store carriage and release/jettison flight clearances.

6. Aeroelastic Considerations in Wind Tunnel Model Design

To facilitate the aerodynamic optimisation of a combat aircraft configuration it is often
necessary to test a multitude of wing geometries. The variables can include L.E. and T.E. sweep,
thickness, camber, twist and different combinations of control surface deflection. It is logical
therefore to manufacture wind tunnel models in component form with detachable wings and separate
leading and trailing edges.
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Construction of such a modular wing is illustrated in fig. 10. Here the surface is attached to

the fuselage by means of a tongue joint. If stiffness checks show appreciable dcflections on the

wing due to this form of attachment, it may be necessary rc add shear spigots fore and aft to

reduce the effect of wing torque. Control surface deflection is simulated by interchangeable

segments which are attached to the main wing using lap joints. The size of lap must be

sufficient to ensure a continuous deflected shape under load but not too large to degrade the

stiffness of the centre main panel. This modular construction is structurally more flexible than

the usual solid wind tunnel model and it is therefore necessary to check the aeroelastic

characteristics of such a model.

The wind tunnel model must first be represented structurally and may be analysed using finite
solid elements. However, it is often sufficient to abbreviate this description using Engineer's

Bending Theory including bending, torsion, and shear as separate terms. To represent a low aspect

ratio surface it is necessary to use a curved flexural axis which follows a constant percentage

chord on the outer wing, then continuing as a radius inboard to finish perpendicular to the body
side. The method over-predicts torsional stiffness but, by suitably scaling the individual

flexibilities from bending, torque and shear, a good match can be obtained with data from

comprehensive model load/deflection tests.

Aeroelastic distortion results from this structural modelling indicate appreciable losses may

occur at the dynamic pressures associated with high speed wind tunnel testing. At low supersonic

Math numbers, for example. roll power from trailing edge flaperon deflection can be in the order

of 30% less than that obtained from an equivalent rigid wind tunnel model. It is necessary
therefore to produce comnrehensive aeroelastic data for the model to enable 'rigid data' to be

calculated using the flexible model load measurements.

Conclusions

The examples given in this paper serve to highlight the importance of overall configuration static

aeroelastic effects in the design of a new high performance combat aircraft. The relative magnitudes of

these effects will obviously depend on the chosen aircraft layout and stores carriage arrangement, and

may well have some influence on this choice, but nevertheless, the following main points should be given

due consideration in the initial project design phase:-

(I) For close-coupled canard configurations, the roll-rate requirements used for wing/flaperon

structural optimlsation must take account of likely reductions from the isolated, fixed-root wing
values, due to aerodynamic and structural interactions of the full configuration, particularly at

M - 1.2/V..

(ii) Such a wing, optimised for roll-rate at H 0 0.9 and M - 1.2. sea-level, will give good
high-altitude supersonic roll characteristics.

(iII) lo the assessment of aircraft longitudinal stability there is a significant difference hetween

"fixed" and "free" aeroelastic analyses, the more realistic "free" results (requiring a knowledge

of mass distribution to nalculate balancing "inertia" loads) indicating little change from the

rigid values.

(iv) For wing-mounted stores, aeroelastic distortion of the wing and pylon can result in significant

effects on installed store loads, particularly sideforce (and hence yawing moment), for which due

allowance, based on experience, must be made In producing initial design loads. At a stage in

the project when a complete aircraft aeroelastic model is available, calculations of fully
flexible installed loads should be made as an input to store carriage and release/jettison flight

clearances.

(v) High-speed wind tunnel models of combat aircraft configurations can exhibit significant

aeroelastic effects. An example is the effect on wing mounted control surface forces and moments,

particularly when the model is of "modular wing" construction. Corrections of flexible model data

to a "rigid" standard is necessary before accounting for true aeroelastic effects in the

full-scale aircraft aerodynamic description. These corrections can readily be made using simple
Engineer's Bending Theory, matched to model deflection measurement, together with standard

aerodynamics prediction techniques.
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FIGURE 1 TYPICAL CLOSE-COUPLED CANARD DELTA
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FIGURE 7 VORTEX-LATTICE MODELLING OF THE
AIRCRAFT/STORES CONFIGURATION
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TENDANCES ACTUELLES DE L'ANALYSE AEROELASTIQUE

DES AVIONS MILITAIRES

TRENDS IN AEROELASTIC ANALYSIS OF
COMBAT AIRCRAFT

BY
C.PETIAU AND S.BRUN

AVIONS MARCEL DASSAULT - BREGUET AVIATION
78, QUAI MARCEL DASSAULT

92214 - SAINT-CLOUD

SUMMARY

After recalling the general principles of aeroelastic coupling with structural finite element
analysis, we explain the simplifying assumptions of static aeroelasticity.

Then we describe the technique of load basis reduction used in in the branche CHARGE of ELFINI,
the general aircraft structure analysis program of AMD-BA.

This technique allows to separate the big expensive computation of F.E. resolutions and theori-

tical aerodynamic analysis, from aeroelastic coupling and flight maneuver computation.

We give details about some specific points :

- Mechanical and aerodynamic non linear effects in statics and dynamics

- Optimization, differentiation of flexible aerodynamic derivatives

- Model adjustment on flight measurements.

It appears that we hold some satisfying solutions to the most of the problems, except those due
to aerodynamic transonic non linearities.

I - INTRODUCTION

Le calcul den structures a AtR r~volutionn8 dans les ann~es 1970 par len techniques

d'amalyses par El~memt s Finis, qui aujourd'hsi, en s'en donnant les meyves, permettent de r~sosdre len
problimes d'tlasticit6 avec pratiquement la prcision que l'on veut.

Le calcul des chorges et afro~lasticit6 "classique" bas6 peu ou prou, sur des
modeles 6lastiques de poutre longue, s'est tres vite r6v61A dLpassi notamment pour les avions a voilure
Delta.

Nous avons dO faire un investissement considerale pour mettre le calcul des
charges et d'alro~lasticit6 statique A la hauteur du calcul Alastique par Elments Finis ; plus r~cem-
ment les medflisations de commande de vol 6lectrique ont nicessitt le mme effort pour l'a~rolasticiti
dynamique ; il a fallu en particulier assurer que la limite statique des modeles dynamiques corresponde
au mod'le statique.

Ces travaux se sont traduits par l'laboration de la branche CHARGE de notre
logiciel ELFINI (qui regroupe autour d'un noyau central d'analyse par Eliments Finis toutes les disci-
plines du calcul des structures d'avions).

Nous en dicrivons ici les grandes lignes, apris un rappel des 6quations g~nerales
de l'arolasticitA dynamique et des hypothses simplificatrices conduisant A l'aroslasticitA sta-
tique.

La principale caract~ristique de notre approche est son systsme de gestion, bas6
sur les principes de base de charges et de base de formes airodynamiques, qui pernettent deffectuer
les gros calculs de rTsoutTons iEIments Finis, et darodynamique thorique, indipendamment du cou-
plage et des calculs de manoeuvres qui sont peu coOteux.
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Noun detaillons quelques points spEscifiques, at de dfveloppemvnt, inttresnants

- Traltement des divers types de non linearitt en statique et en dynaniique

- Optimisation, technique de derivation den coefficients a~rodynamiques souples per rapport aus
parae~tres de conception

- Identification du modle sur les mesuran en vol.

11 rensort de laensemtle que noun tenons des riponses satisfaisantan A la plupart
des probldevien except#, malheureunenant. au calcul des charges en trassonique.

2 -PRINCIPES DES CALCULS D'AEROELASTICITE

2.1 - Aeroelasticite6 linfaira nur Modile E.F.. Equations gendralas

Les points de depart de can calculs sont:

-un modde Elantique par Elements Finis de l'ation complet nomettant en particulier aucune
surface portante (condition du couplage automatique avec las calculs a~rodynamiquan) ;nous
avons pratiqul, pour ces rvodlles, de l'ordre de 10 000 a 40 000 degrfs de libertt (D.D.L.) en
fonction de lavancement du projet (Fig.1 et 2).

-den calculs d'Adrodynamique lindafre par mtthode de ulngularite (Doublets, Sources) nur des
modilas corsportant de 500 a 3000 facettas (fig. 4).

Pour alleger les calculs on procide & des reductions de base conduisant aus rela-

tions nuinantas

-En elasticit6

Soit X le vacteur deplacement den OR Elements Finis, on choisit un syste de DDL
r~duit x reliCs A X par ]a relation

(1) X - V>x

On decompone x an 3 types de composnten soft x :(x')

componanten du mounament de corps solida asnoci4r aun formen rigides

x.n = componantes den d~sforv*es souplen asnoci~sen A des formies de bane (Vs), Inertlellement
orthogonales aux prec~denten len (Vs) nont :soit las modes propres souplas de la
structure, noit combinaisons des composantas de la "bane de charge' nur lenquellen noun
renanons § 2.3.

=g mouvaviant den gouvernes annociO aun fornes (V g)

Soit li@quation d'Oquilibra dynamique dans Ia base

(2) m +vi +kx =feiro +PFatr

La matrica de masse -0 n

Lm]
7=tiVJL[N]rV] : sm: 9

mgr mSt mU

La matrice de rigidite

/0 0
Lkd . v t [VIC Lv] [ V k a0

0 0 0

La matrica d'aaortisnemvnt (V') ant du men* type qua (k)

Le chargainent fatro ant lits aun coefficientn de prennion Kg du calcul atsrodynamique par la
relation

f =t 1 jF. P 2 t V[ 6 Ij
a~r [V iaro = Pv 6Kp K
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Nous revenons au § 2. 3 sur 1 '6tabl is seent de I 'op6rateur de trans fert des Kp
a6rodynamiques sur les noeuds E.F.

*f autre = t(V) F autre repriSente laction des forces non adrodynaniiques (poids, pousste

rtacteur, effort train etc..) nous le consid~rons coimne constant pour simplifier lexpost.

*En a6rodynamlque th~sorique lin6aire.

On pose que ]a forme aerodynaniique "portante", somme de la forme initiale, du
mouvenmnt rigide. des dOformations et des braquages de gouverne eSt une combinaison de
formes a6rodynaniiques 6l6mentaires dont les effet de portance se continent linfairement.

On peut utiliser pour ces formes a6rodynamiques 6l6mentaires

-soit directement les formes associles aux DI mecaniques.

-solt des formes spC'cifIques ind~pendantes des DDL klastiques (D~forniatlons polynoiniales
des surfaces portantes. mouvennents rigides par zone, voir §.2.5).

La deuxi~me proc~dure a l'avantage de rendre lensentle des calculs afrodynamiques
lndfpendant des calculs d'Olasticltfs.

Un op~rateur de lissaqe (L) relic alors les d~splacements q de la base afrodynaique
au d4placement E.F. soit :q - ELQx

Dans les nr*thodes de singularitO lin6alre (Portance par doublets, voir rOf.2) on
Lstablit un op~rateur linhaire reliant les Kp des facettes du rsaillage afrodynanique aux
incidences locales de ces m6es facettes soit

(3) Kp - Ajo

En a~rodynamique instationnaire oO on r~sout ILquation du potentiel lin~arist, dans
le donine fr~squence. cet opfrateur devient [(.Jcomsplese ;nous le d6composons en
partie stationnaire et partie transitoire soit : v

(4) O (Al()instationnaire = Astationnaire + [A(-)]v transit.

Llnt~rft majeur de cette dkcomposition est qu'on peut obtenir (A] (terme pr6pon-
d6rant en basse fr6quence) par des th~sorles afrodynaiques plus sophlstiqu~es et qu'on
peut le recaler sur les resultats de soufflerie et de vol (voir § 3.1).

Les incidences locales des facettes cK sont li~ses aus d~placeinents et vitesses des
noeuds E.F. par des op~rateurs g~somttriques solt

(5)
[a] - ao + 60

-Equations genarales couplas

En rassemblant les relations 1 a 5 on aboutit A l'fquation du mouvement couplt.

C lR+ I:'1Ji + [ Q x = f autre +

(6)

1P {[ CI +[IC13 x + C k+ iCt'C#X(

En dlcoeiposant s en termes de coninande des braquages de gouvernes xg et en tenses
de riponses des modes rigides xr et modes souples xs ;la partition du syst~me 6 conduit A

(mrr Os~) (:'r) + {( ) kr(2..~~1(: +

(7)~~ ~~ ~ {() )+ vtC1-rs+ 1' Pv (:)
0 k r-s,r-
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Solt see reprisertation dens le doane frtqoesce

(8) ED(! pr2  !J(r)= g4 v g

- Conmandes de vol Cslectriqies

Le mouvement des gouvernes est fonction des ordres do pilote Cpil et des mesures
des capteurs du mouvemert Ccap. Pour les moddles Iintaires on 6tablit las fonctions de trass-
fart du type:

(9) xv() 1 Hj(o)J C1,j1  {
1
cap (w)] Ccap

Les mesures des capteurs COVE 6tant elles-sAnns fonction des DOIL x soit

(10) Ceapt = [Vcaptjx

Reportant las relations 8 et 9 dens 7 on obtient, pour le transfart convsande pilota
-> nwuveraant, des Iqoations analogues A 7 at 8 avec des tenses soppl~auentairas de couplage par
laes COVE inddpendant des pressioss dysamiques, de la forme

1(X -l= gt 2 , pi

-Efforts g~n~reuo. efforts internes, contraistas at deformations.

Ce son t las sorties ordinaires des calcols de charges, alias sont des fonctions
lintairas des d~plateennt s Elen ts Finis soit

(10) I= )X = %SX) [vI L
6x 6 6J x

Condoisast ass fonctions de transfert des r~ponoas strocosrales en fonction do
moovanuent des gouvernes, de la formna

(11) [ l-]I(! ,2 Id I~) Eg ( P tv2 , x

2.2 -Hypothe'ses smmplificatricas an eeroelesticitt stetigsa

Las mooveunents Htant soffisaninant lasts, desiennent n~sgligeablas dans itqua-

tion (7) do moo vement c oople

*Les forces d'inartie des d,6fornue-s sooples at des moovamants da gouvernas.

*Leo tenses d'amortissemants a~rodynamiquas at structoraso des ntmes modes.

*Las forces a~rodynamiques transitoiras.

Ce qui condoit poor le systlase d'6qoation diLqoilibre gendral 7 & la formsa

(12) [Pr %-} v2 if Clrr + Crsx7 r r 2Pv lr2,r]Xr 2Cr

= v 1.o [fC1  lxe + C or
1  

+ fr sutres

+kx p CC Ja2 )+fss'

+ Cls,g gx 8 s autres



Connie ii napparalt plus de derivse des DPI. souple dans la deusitsme ligne ii est
possible d'6liminer ces DDL souples dans l~quation du mouvenient par ]a relation

(13 x _I pv2 ES~ [S] [SJ)+i +XSp I
s 2 2 rx + S ISD S

Les matrices (S) repr6sentent les d~formations unitaires des modes souples sass les
effets acrodynanniques des divers modes, soit:

[S [kJ -1 [C 1s*J [sij k]j I1 [C 2srJ

(14)
-1 -1

D = Et -'P'
2 

[S']]
La singularit6 de la matrice 7 5 ("Flesibilitt' des modes

souples a~ro~lasticitt coupl~e) correspond ] a divergence statique.

On 'im ine les DDL souples en reportant (13) dans la premni~re ligne de 12 pour
aboutir a ldtguation de l asn*canigue du vol du mouvenment rigide aeroitlasticitAs Llimun~e. soit

CIS [mc kr -Ip vEC C' xc - iPV2 C, 13 =

1 P', 2 
(EC, j + +[C' j + VO

Avec les operateurs de coefficients atrodynamique "aWroslasticitAt Aliminse"

cI=E[C I +-1p',[C [D]_ [S.

(16)

Ec'I = c~i + !I',2 [CliS [D] 1

[C'd [Cl~r 2Jfr Y [Sr]

[C9i=E lc,g
1  2 [ lc,s 1 9

On prisente sous forme 'homographique" analogue inns opisrateurs dleffort g~sn~rass,
dOformations et contraintes

soit

(17) 1 = 2 2 { 
1 ~x Ioar L cr + 0ar xr+[p + a'adcoo} + ao

dont les coefficients (Effet unitaire d'arodynamique "atro~lasticlttA Aiminfv" s'Ecrivent sous
des formes du type

doadro doa +ro 1 p2 [daadco [D31 ,
(18 dx r dxr 27 6x [0 Sc

dxe dx~r c dax r = [-Ia_ [%')
1 xr ] B'LX][r g" 6S

(Effet unitaime d'airodynamique a~ro~smastlcitA nonk limInee).

Le calcul des charges statiques s'effectue compl~tement A partir

- des calculs de manoeuvre par int~gration de Vfquatlon 15 de la m~canique du vol a6ro~lasticitA
@1 Imi nia

- la rncontme ass efforts giniraux at Internee, ass d~formatlons et contraintas par len rela-
tions 15.
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2.3 - Organisation des calculs Wdsrolasticitts et de charges statiques

2.3.1 - GL~n~ralit~s

11 a fallu r~pondre aux iip~ratifs suivants apparesrent contradictoire

- Nkcessit6 d'une precision des calculs des charges d'une qualit 6quivalente A celle du calcul
des contraintes par El~ments Finis,

- Sophistication decant rester homog~ne avec len hypotheses simples des calculs d'aarodynamique
lin~arisoe recalls sur des essais de soufflerie et les sols,

- Naniement simple des calculs pour pouvoir traiter avec des d~slais et coOtu raisonnables des
analyses dans an doinaine 4 parans~tres multiples (Type de manoeuvres. configuration rassique nt
denports ext~rieurs, mach, altitude),

-Eluonaeec les raffinements des modles structaraux et Atrodynamiques, )es r~sultats dv
-souffl erie.

Pour cela on n~pare les calculs en deus phases

- Les calculs volumineux qui sont menes ind~pendanmment du coaplage a~rotlastique, des configu-
rations nansiques et des hypotheses de recalage empirique, ce sont

l a r~solution des Elsents Finis noun des chargements de base

*les calculs d'a~rodynamique th 6oriqae.

On en estrait des operateurs "concentren" du type

*d~composition des charges de pression atrodynamiqoe unitaires dans les chargenents dv
base,

*lissage des d~placements de base du mod~le Lslastique dens len d~forrvtes dv base de la
surface a~srodynamique

*effor ts g~ntrasu, d~formations et contraintes en quelcues centaines dv points sensibles,
pour chaque d~splacement de base.

- A partir de ces opdrateurn on obtient par des calculs de faible elune

len coefficients a~rodynamiquen "anion couple",

le mouvement de lesion en manoeuvre par int~sgration des tquations de la mrcanique du vol.

l'6volution correspondante des efforts g6npraus et des contrainten aux points contr6l4s,

*la recherche astomatique des can enveloppEn dimensionnants,

]a reconstitution dens ces can, pour des analyses complktes, de 1 'ensemble des d0place-
mnts du mod~le EF ;on peat reconstituer les forces ass novuds pour len transferts vers
des mod~les raffin~ss.

L~a d~finjtion enacte des configurations masniques et len recalages enpiriquen
interviennent as d~but de cette deuxi~me phase.

Nous r~sumons planche 3 lorganigranme de cette technique qui est fond~se nur la
notion de base de charges.

2.3.2 - Principes de la r~duction dans use base de charges

L'id~e directrice est de consldorer que touten len charges appliqu~ses sur la
structure nont combinainons lin~aires dv can de charges de base, ( courevusent de l'ordre de 300 A
500), solO

F = (P) i

-hres debase

Les can de charges de base rassemblts dans Ilop~rateur (P) nont partag~s en 3
cat~gories:

P pynrtle Padro' autre)

(P ~inertie ) correspond a des can @llmentaires de charges d'inertle dun ass acc~l~rations
des mouvevients rigides (et des forces centrifuges pour les analyses non linfaire de
mouvevuent solide), sur use d~composition des masses de lesion (Pmasnes de base, coispos~es
de celles de lavion vide et des masses variables unitaires), de facon A pouvoir recono-
tltuer par combinalson les forces d'inertle du mouvemest rigide dans toutes len situa-
tions.
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(P a~ro) correspond a des charges de prassion Bsl(mentaires

*pour les surfaces portantes las componantan correspondent A des pressions unitaires
aux noeuds d'une "grille de pression' Eliments Finis (voir planche 5), cette grille
est indipendante des "facetten" o sont calculhs las Kp dans len programes d'a~ro-
dynamique thhsorique,

*pour len corps fuselas len componantes de (P 6) correspondent ass conposantes du
torseur des charges appliqu~es par "1tranche" . a ro

(I'atre ) correspond ass divarses composantes discr~tes type pousshe rtateur, effort train

etc ...

- Dhform~es de-Base (B)

Elles nont calculees par rhsolution du modile Elements Finis saus lansemble des
cas de charges de bane, soit

EnJ I

- Op 6rateur rLduit

A partir de (P) et (B) on estrait les op~rateurs suivants, suffisants pour sinner
las calculs d'arohslasticite et de charges.

- Ophratasr [6o / dsd des efforts g~n~sraus. efforts unitaires, contraintes et d~formations ass
points sensibles ;on retient pour lsvaluation des charges seulement quelques centainen de
composantes.

- Pour permsettre Ilorthogonal isation ult~rieure des dhfornihes de base ass modes rigidas Sans
acces ass tableaus (P) et (B):

les torseurs des r~sultantas des cas dn charges des bases

[AdfrJ . 'C~ [ P]
Si U

las quantit~s de esuvarsents rigides des masses de base dans les ddformrkas de base

cirLU ~ (~ B

2.3.3 - Calculs aerodynaniques

Ils fourninsent las op~rateurs donnant las coefficients de prension en fonction des
incidancan facattas

K =lK -AlaJ
p po

L'organisation des calculs est coispliquhe par in fait quon esploita sinultanhment
las rhsultats de diffentes mithodes

-Misthoda de singularith linhsaire pour Ins effets de portance as subsonique et supersoniqie, la
saillaga pouvant dhpendre du Mach at de la frhsquence reduite en instationnaire.

-Mfthodas plus codtnusas, d'Elments Finis on da differences finies (Transsonique), qsi, en
pratique, ne s'appliquant que pour le calcul des effats rigides at de gouvarme.

-Recalaga sur las ressultats de soufflaria at da vol, qui ass aussi ne concarnant qua las affats
rigidas at de gouvarnes (voir j2.3.6).

On dolt gfer l'eisembla de can ressultats raposant sur den dincrhtinations inden-
dantas des champs de Kp at den incidences locales.
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2.3.4 - Formes a~rodynamiques de base

Les calculs dla~rodynamique lintaire ne n~cessitent pas une description de la
d~formatlon aero~lastlque par autant de DOlL qua le calcul Elastique. caest pourquol on choisit
g~ndralement d'exprimer ]a formi de la surface portante coinne combinaison de quelques dizaines de
forms 616mentaires soit

S(M) -S(M) + Eq.i SP

On decompose las d0forinations de surface de base en deux fainilles

- Pour les surfaces portantes, continues, des dWorniations polynoiniales de la surface 'noyense du
type

z (X,Y) = z(x,y) +Eq 1i xly Bi

(Les monomes de base x y doivent former des suites completes).

- Pour les "corps" des mouvements rigides locaux

A partir de la dtfinition de formies de base on @tablit leo optrateurs g~om~riques
6M /6q, 6a /64

donnant les incidences des facettes adrodynamiqoes en fonction du mosoement de la formee a~ro-
dynamique soit 6 C 6a

2.3.5 - Op~rateurs permettant le couplage

- Op~srateurs de transfert des Kp our leo composantes a~srodynamigues de la base de charges[ L6u/6 Kp

Ils permettent de s'affranchir de la versatilit6 des maillages W~odynamiques. 11s
sont 6tablis pour chaque type da0rodynamique:

-par lissage aus moindres carr~s des pressions pour le passage de Kp des surtaces portantes
ass "noeuds" de ]a "grille des pressions" de base.

par calcul des torseurs resultant des champs de Kp locaux pour les charges de base "par
tranche" des corps fusel~s.

*par transfert aux Noeeds E.F. puis "projection' sur les composantes (V a~o) soit

(Au) t[.5 ] (IL) Kp
(6jK = p ar 6 Kp)

L'op~rateur cress [6 F 16 Kp lest 6labor6 autoenatiquement a partir des fonctions
dinterpolation des displacemients norrnaux des El1,nents Finis de la surface a~rodynamique 14(r),
en satisfaisant au niess A la conservation des traveux virtuels soit

= surface ar

- Oparateur de lissage des formes Olastiques de base dens les formnes afrodynamiqses de base. Ils
correspondent A la relation

q = C (bju + Eir]xr + c1i ]x

C1 I est obtenu par lineage as inoindre carre par minimisation des distances
entre formes solt b

J surface ItNg(1g)Bu - tS(hi 39 12dS

t ) et 11b3 d~slgnent les correspondences de coeponantee, les modes rigides et de
gouvernee devant Wte inclus dens is base a~rodynaique.
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2.3.6 - Banque de donn~es a~rodynamigue, recalage

Dams cette phase delicate on rasseeible dans ]a banque de charges sous forme de
composantes les r~sultats des divers calculs a~rodynamiques et d'essais de soufflerie. suit
i'6laboratiom des tableaux

6K6a

E-(N)) - 1] (L(M) Tq

6.q 6
1(p 6a 64

L'op~ration prend use certaime complexitB du fait que les calculs a~rodynamiques
so phistiquOsi et le S rosultatS de soufflerie me portent g~ntsraleret que sur quelques effets
rig ides (incidence, d~rapage. braquage de gouverne).

La proc~dure ]a plus rapide ext I'dlaboration directe des tableaux [6u /dxr,gJ
et [6u/ dxsJ ind~pendaneient des (6u/ 6q] et [6u/ 64) qui ne sont atilis~s que pour
les charges des effets souples.

Cette technique simple pest Rre contest4e pour les puristes, en consid~srant que
certaines formnes simples peuvent coTncider avec les formes rigides. (Us d~braquage des gouvernes
dG a la souplesse de la timonerie na pas de raison d'dtre traitB autrelnent que leffet de
braquage de la gouverne) ;l'idLde ext alors de recaler la partie "rigide" de chaque effet souple
et de croire A la thL~orie pour )a diff6rence.

A partir de l'op~rateur (Lr-g,q I de lissage des formes "souples" q dams
les Xr,Xg (obtenus par moindres carr~ss avec ia meme int~gration que lopdrateur de lissage (L)
des El~ments Finis dans les q), il vient:

6u q 11u~ (I1 6q [Lr-g,q ])+

recai4 = -M) h~o. 6xr.g

ELu M) q6 fLr .g, q3

6q recale6 xr.g

Le5 manipulations conduisant as 5 U/ dxr recalAs Sur ]a soufflerie et ln vol sont
effectu~es par des th~ories de complexitA diverse:

- Manipulation "A la main", pour reconstituer des courbes d'efforts g~n~raus Sur leo corps,

- Recalage automatique, a partir d'une fonction d'affinit@ parametr~e, our leo rc~sultats de pes~e
partielle en soufflerie os our des contraintes mesur~es en vol (voir §3.4).

- R~cup~ratiom dirette de r~sultats mesure de pressiom.

2.3.7 - Couplage

Ce nest quIA cette Lstape qu'on dIfinit Ta configuration exacte de calcul ooit

-La r~partition de masse (combinaixon des masses de base)

-Le Mach et les hypotholses a~rodynamiques

-La pressiom dynamique.

On se place virtuellement dams sine base (Vr, Vs, Vg) ofb les formnes souples (Vs)
sont orthogonales aux modes-rigTdes, -elles saint d~sduites de (B) A partir des consid~rations sui-
varitex

-Len charges de base sont 6quilibr~es par les forces d'imertie induites correspondant ass
accOl~rations rigides

-Les d~form~es de base sont orthogonales aux nodes rigides.

11 em r~sulte la relation entre (Vs) et (B)

C[Vs] = I - [Vr J rr tIrI CM)) [B] fl - U (- ) (mrn I (f)J (m [V Xr rr 6U
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A partir de cette d~finition rious constituons directeient (sans reconstitution
de (Vs)) lns optrations necessaires au couplage atro~lastiqse soit

- Les termes n~cessaires A lorthogonalisation aus modes rigides

*La matrice de masse rigide [m..) par combinaison des masses 616mentaires

C rr=ZM mri

*Les quantit~s de mossements rigides des composantes de base

6 u r ud I

*Les effets d'accA6),ration rigides[S uI 6xrJ par combinaisons des composantes d'isertie de
la base de charges

- L'opratesr de lissage des x. dans les fsrmes a~rodynamiques de base devient

I = ( -I6xr fr)
15 bi~ - 'r (mrr~1r) T-- -N )d 1 6u

- L'op~rateur des d6formations souples a~ro~iastiques par les effets atrodynamiques de base

A partir de 15 on se ramdne ass opdratears de la th~snie g~ndrale ds 2.2.

- Les matrices (Sn) de d~formation a~ro~lastique sous les effets du mode (Voir relation 13 § 2.2)

[S3= 6,xqs] I Er] ' -S EL"- r] ' E I Sr' IS - II

- Les coefficients adrodynamiques brsts de la relation 12

EIr ,r -= ur .'6 r

E C "1 =E- - 3U

lr,a do U

L'op~ratesr des rfponses dlefforts et contraintes

,6o 1 a (A frj

X5 6r Cu] [rr

qui donne acces ass coefficients a~rodynmiques et aus rtponses d'efforts aWro~iasticit6

flimin~e" (Relation 16 et 18 dus 2.2).

- Op~rateur de reconstitution des charges de base a~ro~lasticitt Elimin~e.

Les charges de base se reconstituent em fonction des paransitres de ns~canique du vol

pseudo-rigide par la relation

12 y 1 du' CLE'+ I
v --kr 6.Ex~Jr

+ 6U) x + U + U0
6xg ~ aero 0
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dont les operateurs se deduisent 
des matrices [s.J et [D] par des relations du type :

[ ,] 1u -1 6fr []

Axr 2 - (6u-) (mrr (_) -I[

ce qui permet dans les configurations ddsirtes de reconstituer Ies ddplacements avec les charges
Etiments Finis pour les relations :

D = [B]u + [Vr xr et F = [Plu

2.3.8 - Calcul des manoeuvres et de charges dimensionnantes

Les charges rhsultent de manoeuvres calculdes en rdsolvant i'douation (15) de la
micaniqun du vol adrodlasticit@ elimind. On remante ass costraintes d'efforts internes aus points

sensibles par la relation (17), on reconstitue les charges de base par la relation 20.

Le coOt des calculs dans la phase de couplage 6tant faible (ils peuvent @tre
effectues en mode interactif si on le d~sire), on balaye facilement le domaine d'analyse (Type de
manoeuvre, configuration massique, Mach, altitude, hypothlse adrodynamique).

La recherche des cas de charges enveloppes est effectuse a partir des vecteurs u de
chaque manoeuvre par la proc~dure automatique suivante :

- Un cas de charge est dpciarA enveloppe s'il conduit 8 une valeur extrnmale de la contrainte, A
une toldrance pros, sur au moins 1 point sensible (composante de a' )

- Un algorithme trouve le nombre de cas de charges minimal tel qu'en chaque point sensible, les
valeurs extrdmales des contraintes, soient atteintes sous au moins 1 cas oe charge (a la
tol@rance pros)

- L'6largissement de la toldrance permet de r@duire le nombre de cas enveloppe

- Le processus est associatif

Pour les cas dimensionnants on reconstitue les d~placements Eltments Finis par
combinaison des ddplacements et charges de base ; la reconstitution des charges permet de calcu-
ler en dgtail sur des mod~les Eldments Finis raffinhs apres une ophration de transfert des
charges.

Un point, soulev tr~s souvent, est la dtfinition des manoeuvres a prendre en
compte pour le calcul des charges de dimensionnement, notamment pour le cas des avions A com-
mandes de vol 6lectriques.

On peut employer la strathgie simple suivante

- Etablissement des char es et dimensionnement de la structure pour des manoeuvres simples
forfaitaires dont le choix rdsulte des clauses techniques de 1'appareil et de 1'exphrience
qu'on a des avions prhcddents.

- Etablissement systdmatique pour tout le domaine Mach, masse, pression dynamique, des coeffi-
cients adrodynamiques, adrodlasticitO Aliminde (C) et des contraintes unitaires (6o '/6 xrJ
fourniture des valeurs extrhmales a extr.

- Calcul systsmatique des T dans toutes les simulations de m@canique du vol avec CDVE.

En cas de dpassement des Qlimites

- Soit on modifie le r6glage des CDVE

- Sait on rediscute le dimensionnement en ddfinissant de nouvelles manoeuvres pour les charges
forfaitaires.

2.4 - Remarques - Methodes allgees

La mthode de r~duction dans une base de chargement et une base de forne arodyna-
mique demande des manipulations et des donnges initiales relativement complexes, elle est avanta-
geuse pour 1'Ltude de 1'ahroflasticitA et des charges dans un domaie de vol complet.

Pour les cas moins ambitieux nous avons prvu deux types d'algements

- Utilisation d'une base Alastique de modes propres, qui demande beaucoup moins de donnhes que la
base de charges, le coOt ordinateur pour une configuration massique est du m~me ordre, ii se
multiplie par le nombre de configuration massique.

- CoTncidence des formes de base ahrodynamiques et 6iastiques, qui Avite les operations de
lissage, mais rend une partie des manipulations atrodynamiques dlpendante des risultats de
l'lasticitl.
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Ces deux allhgeesents peuvent Wte introduits indLpendansient ou sininitanhinent.

Les reductions de base nodale ont 1' 'nconv~nient de presenter une susceptibil itt A
]a troncature difficilement appreciable a priori, len erreurs de troncature rejaillissent plus
directement our le calcul des contraintes que our celui des coefficients a~srodynarniques souples.

La n~thode de base de chargement pest Wte consid~r(,e comie "exacte" A partir du
moment sO on admet la discomposition des charges dans les cas de base, deux considtrations rendent
negligeables les effets de troncature

-L'effet de "Saint Venant" qui fait que les forces agissent principalement par leur torseur
r~sultant, qui est pr~sserv6 le plus localement possible dans flotre approche.

-Le fait qu'on veille A ddcomposer chaque "espice topologiqne" de Charges (Inertie, Pression,
Forces concentrtes) dans les sous esp~ces de (P) appropri~is.

Les effets de troncature des charges dus aus formes a~rodynamiqnes sont insigni-
fiants (eu 6gard A la prhcision des calculs). le lissage dans la base de forme r~duite peut n~me
am~Iiorer leo r~sultats des calculs pour des structures prtsentant des ddsfauts locaus de
rigidit6.

3 -POINTS SPECIFIQUES ET DJE DEVELOPPEMENT

3.1 - Calculs dynamiques

11 importe de rendre compatible avec le mod~le d'atro~lasticit6 otatique leo
modeles de calculs de stabilitt, dynamique (Flutter, accrochage COVE) et des reponneo dynamiques
trannitoires.

Pour l'atrodynamique instationnaire il ne faut pas que ]a rusticit6 relative des
m~thodes employees (Doublets, sources) affecte la partie stationnaire et a fortiori les champs
des effets rigides.

V'est ponrquoi nousnye prenons dans les calculs instationsaires que la partie
trannitoire soit:

A (-2)tr [A]
V Vsainar

Rendn dann la bane de charges len effets a~rodynamiques instationnaires devien-
nest:

Su' si utat.. + L n~dnSt t. + 6a wc)
q V 6q rec. V [A[.1 reL +~ 01 Lq V

q4 q. v q v6

Pour le mod~le dynamique 6lastique noun pratiquons dens techniques principales

- Utilisation d'une r~duction de base modale calcul~se isd~spendanisent de la bane de charges len
forces genhralinhes 5050 trasses par la relation

f = CV]t [PIu

- Calcul dysamique directement dans le noun enpace den fomes (B) de la bane de charges, orthogo-
salishen ass modes rigides, qui rend en quasi stationnaire le modhle dynamique strictement
identique au modAle statique ;cette technique n~cennite 1 Aslimination des composanten redon-
dantes de la base de charge.

11 esiste aunni des techniques hybrides

- Base nodule enricloie de d~sfomnes de bane (Indispensable pour len forces exttrieures ponc-
tuellen, type trains d'atterrisnage)

- Bane den modes du noun enpace (B) §ventuellemest tronqu~s

3.2 - Calcul non lineaire

3.2.1 - Non lintariths a~rodynamigues

En pratique iI est impossible de len n~gliger, len can disinnnionnants,
correnpondant le plus souvent au domaine tranononique oO l'arodynasique ent coispl~tement non
linfaire.

Pour la pratiqne courante noun prochsdons par recalage den effets rigides our la
noufflerle (ou le vol soIr § 3.4).
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On ftablit des effets rigides "secant" par zone du domaine incidence braquage de
gouverne, a partir de linterpolation des mesures ;les calculs d'atrotlasticit& et de manoeuvre
prennent dans la base de donnLe atrodynamique la table correspondante, A 1 incidence et au bra-
quage calculO (Processus it~ratif pour les manoeuvres stabilis~es).

Les effets souples 6 u, /6cq (dont la partie rigide et gouverne, est recal~e) restent
calcul~fs par les theories subsonique ou supersonique.

En d~veloppement nous testons deux approches

- MWhode des petites perturbations transsoniques dont le coat raisonnable permet de se ramener
as processus lintaire par calcul des effets de dWormation Al6mentaire.

- W~hode plus sophistiquee de differences finies et Elements Finis (rLf. 3, 4) pour lesquels on
ne peut envisager que des analyses pour des "formes" donn~es soit Kp(q) ;on adopte alors pour
laes calculs d'fquilibre en manoeuvre une methode iterative type "Newton modifice' avec comne
".sol1veur" 1 op~ratesr approchO [

6
1Kp 16qjlits. des theories lin~aristses soit le schema

suivant:

- Analyse lin~aire a~ro~lastique

*coef. souples

*manoeuvre

- Calcul AMro N.L. sur forme ~qqil.

. 0 Kp ( q iqi

- modification Kpo

pKp = Kp (~qjj) [ 61(p /6qJlin q iqujl-

- Analyse lineaire atro~lastique et manoeuvre avec Ko

q-qul

3.2.2 - Non lingarite mcanique

- Vitesse de rotation (forces centrifuge)

On ajoute as champs de forces d'inertie lineaire le terme de force centrifuge

F= E mi D2 A (f? Av GM)

qul s'exprime dans ]a base de charge en fonction den prodults des rotations rigides sous la
forme:

Ucentrifuge =rcnt ,i irj i4

L'op~rateur (Cent] est une conbinaison lin~alre des composantes "Force centrifuge"
de la base de charge : cn -E M C C

1] noeuda naeuds i

A partir de 14 larolasticit6 des termes de forces centrifuges s'Allmine. pour
aboutir a une eqiuation d'6qailibre aero~lasticitAs Llimin~e analogue A (15), mais conportant des
termes en produit de rotation rigide d~pendant du badin.
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-Non linfarit:6 gSottrigue

Pour le calcul des Charges l'effet le plus nignificatif vient des variations de
rigiditi induit par les grands braquages de gouverne.

Si on vest traiter enactement le probleme 11 taut itirer asec des analyses E.F.
gouvernes braqutes. qui sont dispendiesses si on ne procide pas par noun structurution.

-Non lin~arite de contact

V'est un cas tres frequent resultant de l'effet des jeux oO des montages A "pectin
calante" des charges exterleures.

On dispose de deux reethodes de resolution par condensation sur len D% din contact,
Er~s peu dispendieuses:

*contact hyperstatique (applicable a l'isostatique en dynamiquel, condensation en fleni-

bilit6

-le moddle EF inst calcsl& sans tenir compte du contact

-on enrichit la base din charge des reactions unitaires des points din contact

-on traite len jeux cosine des composentes de (r

*on rdsoat ILsquation d'Lquilibre earoelasticitA 4liminese 15 asec des reattions de contact
unitaires (Apparaisnant dens le tense tlo), on obtient len jeus correspondant, noit la
relation:

j r + j,

Len conditions de contact ejoutent ins in~quatios

r > 0 si j = 0

j '0 ci r = 0

L'ensembie est renolu Par use technique d'optimisation (Iteration de gradient
conjugu@ "sphdrique"), qui toarnit len reactions d'tquilibre r, qui nont reportdes cosine
second sombre de Iliquation d'equilibre 15.

*Contact isostatique (Esuentiellement In cas des jeun dens les timoneries de gouverne en
dynamiqun).

11 vast miess utiliner la procedure "duale" de condensation en rigiditt suivante

-resolution ESF. en supposant le contact

-ce sont les reactions de contact qu'on introduit dens les O

-on r~sout les equations doLquilibre aerotlantique avec den Jean snitairen qui appa-
rainsent cosine des braquagen de gouvernes, on obtient ins reactions correnpondantes,
soit la relation:

r = Kj+ ro

A laquelle on rajoute len conditions de contact rdsolues cosine prescdeinent

si r 0 j=0

i i 0 r=0

-Non lintaritA de servo coemmande (saturation, non lin~arite du nod~le" hydraulique dynemnique).

On prochde A la condensation en "rigiditA" di probl~ne de tacos analogue pour
aboutir ass relations

fservo , Kdservo + a servo

A laquelle on rajoute len equations d'equilibre statique (os dynamique) de chaque servo-
coeunandn

d sro= fanccion~f sevoconsignes,paramitcres, dtatn

non tin, ev hydraul. pr6cid.
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Syst~me disquations condenses non lin6aire "dur" a rtsoudra par une technique BFGS

ae c "Line 
Search".

- Trains d'at terrissage

La cosplage as train d'attarrissaga s'apparante a celsi des servos, floss Paeans
dicrit en ditail dans la r~fkrence 5.

- Non linlsaritis en dynamigue

Ellas exigent une int~gration dans le donaine temps qua noun traitons de maniure
implicite (m6thode de Newmark os de Houbolt), conduisant, A chaque pas de temps, a r~soudre
un Equllbre quasi statique avec des coefficients de "rigidita" nodifi~ts (addition de

=At E- + V P Cr) at un second mantre modifili par des teres fonctions des
6tats pr~c~dents, & cela pri s tou tes las techniques de rissolution des 6qsilibres non linbaires
statiques pricidaimnent citts sont valables.

Le probILame th6orlque d8Hicat est la prise en coeipte des forces a~rodynamiqus
transitoires qui ne sont definles que dans le domaina fr~quence, floss d~sveloppons deus tech-
niques

*rationalisation base sur le lissaga de lla~rodynamique par des polyndmas as W. qsi
conduit A

Ur =a 1 4 + a 2 ij + . .. + aenqn

dont las tarnies an d~riv~s se prennant aisinent en compte dans 1 int~gration implicite.

*inthsgration par convolution A partir des rfponsas an Kp ;a des echelons d'incidenca
locale dost las coefficients sont idantifits par transformee da Fourier ass frisquences de
calcul de loparateur [ A (C )J

Ca typa d'intgration. qui fait apparaltra des tarmes corractifs venant du passe,
se prand an compta ais~ment dann l'intasgration implicite.

3.3 -Optimisation

L'usage intensif de )a technique doDptimisatios structurale par AMD-BA dapuis une
dOcennia, a anig6 dts la despart, la prise en compte de contraintes d'ordre anrotlastique portant
essantiallament sur las efficacit~sn de gouvarnas at de aitasses de Flutter.

Noss avons expose en d~tail dans las risf~rences 6, 7 at 8 can n~thodes qui ont
passablemant modifit le procassus de dimansionnement de non avions.

Can techniqses exigent ]a fourniture as moniteur d'optlmisation, de lanalyse des
'contraintes" daeroflasticitO at laurs dirivations par rapport & des paramitres de conception X~

(Echantillonnaga) dont les matrices de rigidi t6 (K) at de masse (M) dispendant lintairament salt

[KI = [x,] + I Ai [K.)

0 1

Noun r6sumnns Ici la technique sp~clflque pour affectuer, A maillaur compte, las
it~rations d'analy se at de dOrivation, qui sorganisa senniblemant dlffemmant du calcul g~n~ral
expose § 2.3.

-Analyse

qs representant le lissage des effets souplas Zo dans las formes airodynamique de
base, 11 vient :

21 1 pv2 [L] {BS q + B xr + B. xi + B 9X 9+ X0

Las op~rateurs B. correspondent ass r~solutions type

B, =[KY
1  

P ilIA A*--= [yr, Paa Kp dqa
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(t'opdratfon B. =(Kf
1  P. se snus-entend comme coniprenant, en plus de la rtso-

lution, les orthagonalisations de P. et A. aus modes rigides).

On tabule avant les itetrations les opL'rateurs de charges Lsl&wintaires
en posant:

22 D = -I . p2 L B
2 s

11 vient la relation d'Ls1,nination des

23 q . I PV 2 (n.- . B x, + B. xf + B x~ + x0)

Les coefficients a~trodynaeiques et aWoelasticita 6imin"s prennent des formes du
type

C = r C + pv 2 
Cr qs 1

24

avec EsP] = D'- L B_

- Drivation

Sachant que d ( K- F) = - K- dK X la differenciation de 22 conduit A

25 lq =- P2't -1 KI qs + Br xr + B. x.f + B gK + X

en sliminant qs par 23 il dient

dqs ! 1P v2pDl L K
1
dK{B r X+B X + B Sx9

en dlff~renciant 24 11 vient:

dC' CV 4ti
rr 2 Cr

dC-1 2-1
rr 2 p Cr,q s Kfr + 0oV

Pr~firable sous les fontes

dC' = 2 (K-
1  (c ,qsDI L) I dX(B + B s,dCr,r Y t t r a

dont le gros des calculs reprisente la risolution des tiquations d'Oqsilibre EF avec astant de
s econds metbres que de coefficients adrodynamiques surs'eill~s dams l'optirnisatlon, A chaque Mach
et chaque presslon dynanilgue envisag~e.

d'r,r -2 Cr a. D4 K
1  

dK (Br B

dont le gros des calculi repr8sente des risolutlons de l'Equllibre EP en noetre Ogal A celsi des
fontes alrodynanilques de base (Ind~pendaninent des coefficients, Mach, pression, pris en coeipte).



3.4 - Identification

L'idde directrice est de corriger le mod~le theorique en fonction des niesures en
vol, pour perevettre des extrapolations au-dela des points du domaine effectivement test&i.

Nous avons exposk en d~tail la technique que floss utilisons davis la rffrence 9.

L'avion est instrurnent6, en plus des capteurs classiques des param~tres de n~ca-
nique du vol. de plusleurs centaines de jauges de contraintes dont la disposition r~sulte d'un
coinproivis entry la surveillance des points sensibles de la structure et la couverture des divers
"chemins" d'efforts internes.

-Par des 6talonnages au sol on corr~le les contraintes calcul~es auv contraintes nesur~es noun
de nombreux chargements (plusleurs dizaines) les principaus "chemins" d'efforts devant 6tre
excit~ts, 11 en rdsulte, apr~s correction un op~rateur 6a /6F fiable.

-Les nesures en vol sont effectutes Sur des manoeuvres perinettant de stparer as mivux chaque
effet afrodynamique EI6nentaire (Incidence braquage et gouverne, etc ... ), cen manoeuvres dites
"stimulus" sont des oscillations de tangage os de roslis 6 fr~quence variable (progranunses davis
les COVE).

- On s~pare par uve operation de lissage les r~ponses aisrodynamiques El05mentaires Or inns
dites 'mesur~es,. cnn r~sultats interm~dlaires sont valid~s par recoupements Sur d'autres
manoeuvres.

- On pose que len diff~rences avec la thtonie ne proviennent que de la distorsion den champs dv
pression adrodynamique rigide El1nunntairv par une fonction dispendant de paramttres A inconnus
(pour les effets "souples" on croit a la theonie).

Les techniques de recalage, d~crites §2.3.5, et lensemble dv l'analyse, pernet-
tent le calcul des r~ponues des jauges en fonction dv X soit ar ( X) , lv procesnus de
d~rivation fourninsant 60,'A est assez conplene, il est d~scrit en d0tail davis la
ref~rencer

- Lv probl~me d'ideitification est post sous la fornme

XZminimumn

en satisfaisant ass in~galitts

ar mes -E4ar( Ornones

Soit chercher la solution la plus proche possible de la th~onie reconstituant len
mesures 8 une tol~rance de precision pr~s.

L'int~r~t de cet approche, par rapport ass m~thodes clasniques de moindres carres,
est de ye pouvoir 6tre mis en d~faut par les combinaisons dv param-atres "nor, observablen' (pris
alors A leur valeurs th~oriques), et que len donnees dv pr~cisions den mesures FE peuvent
Etre 6valstes.

Pour 6tre appliqute telle qu'elle, cette technique esige la stparation d'effets
a~rodynamiques linksarints, cv qui pose den probltmes en travissonique.

Rema rque

La smine technique d'identification par rtponne dv jauges s'applique (plus simple-
ment) sur len essais en soufflerie, pour la reconstitution de champs de pression 'utile'l a
partir dv mesures nur naquette instrumentte de jauges de contraintes.

4 -CONCLUSIONS

Noun disposons aujourd'hui d'un 6tat de Part en calcul des charges satisfaisant,
pour couvrir en statique et en dynamique:

- L'ensenble Ies phdnoes~nes, lintairvs os rainonnablenent lin~arinablen

- La plupart den probl~mes non lln~aires In~caniques

Le probltine d~licat de la gestion de ces calculs dans un domaine esitiparamttres
(Manoeuvres, configurations massiques, Mach, pression dynamique) ent r~nsl a faible coat par len
techniques de bane de charges et base dv fomes a~rodynamiquen.

Le point vraiment Epineun est celsi den non lintarites a~rodynamiques en trans-
sonique, qul affectent nalheureuseinent le calcul de la plupart des can de charge dirnensionnants ,les
mwhodes de calcul simple Sont trop inexactes et lvs m~thodes sophistiqu~ses trop codteuses pour quon
puisse balayer raisonnableient le donalne des configurations nimgee 1V identification de niodtle Sur le
vol est tros dflicate en transsonique.
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Ces aspects n~gatifs se compensent partiellement

- pour la voilure, par le fait qu'une bonne partie des manoeuvres dimensionnantes est dLfini par les
torseurs resultants des charges plut~t que par let paranitres a~rodynamiques ;ainsi pour une ma-

noeuvre de facteur de charge stabilisde, le fait. qu'en tout Atat de cause, l'avion porte son poids
et qu'une proportion relativement constante de la portance se situe sur la voilure, attenue notable-
ment, pour le moment de flexion A l'emplanture, les erraticites des r6partitions de pression.

- que les commandes de vol "digitales" modernes peuvent #tre dot6es de systme correcteur maintenant
lavion dans un domaine donnA dacctl1ration (voir de contrainte).
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STATIC AEROELASTIC CONSIDERATIONS IN THE DEFINITION OF DESIGN LOADS FOR
FIGHTER AIRPLANES

by

G. SCHMIDINGER
0. SENSBURG

MESSERSCHMITT-BOELKOW-BLOHM GmbH.
Helicopter and Airplane Division

8000 Munich 80, P.O. Box 801160, W.-Germany

ABSTRACT

The paper initially is starting with some typical effects of static aer0.1'stic correction factors in
context with the definition of structural design loads for major aircraft corn i, ts. The influences on
response parameters and resulting design loads are shown as well as the aeroelastic optimization of
trailing edge flaps with respect to geometry, efficiency and hingemoments.

INTRODUCTION

Over the last 20 years the implication of static aeroelastics has increasingly been recognized and
respective publications reflect their influence on aerodynamics, control efficiency, performance and
structural optimization.

In the beginning these influences of static aeroelastics have been evaluated quite independantly by
the different technical disciplines, but in the last decade, use of structural optimization programs
especially in designing carbon fibre structural components led to the development of tools for aeroelastic
tailoring. These tools now represent a productive link between the technical departments in order to
achieve an integrated design and it may be pointed out, that the quality of results to a large extent
reflect the skill of project structural managers in coordinating the increasingly complex and coherent
technical aspects.

DETERMINATION OF AEROELASTIC LOADS

A survey of important considerations on general aeroelastics is given e.g. in the References of the
60th AGARD Meeting last year (see List of References). Some special areas of interest in context with the
definition of design loads for a flexible aircraft are emphasized here.

Table I shows a simplified example, how static aeroelastic application rules may be dealt with. The
aircraft aerodynamic model is first treated as a set of major aircraft components and the influences of the
different state variables on longitudinals - as angle of attack, control terms and damping terms - are
summarized in a set of rigid aerodynamic coefficients/derivatives. Static aeroelastics are then either
added (ac..) or factored (f...) and considered as a shift of aerodynamic centre of pressure (x..).

The structure of laterals is in general analogue - even in reality being more complicated from e.g.
determination of dihedral effects etc. - and only fin and rudder as well as store components are added in
order to generate the major aerodynamics/aeroelastics of those. The areas of interest intended to be
pointed out are displayed in the table:

aeroelastic wing correction fLi (a)
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- aeroelastic inertia increment ACL,, arid

- aeroelastic fin correction fy 1I3l

- aeroelastic inertia increment ACt 6

The typical shapes of those aeroelastic corrections are shown in Fig. I as a function of dynamic
pressure and partly additionally dependant on Mach.

Wing Design

Fig. 2 shows in graph 2a a comparison of the static aeroelastic factor fL1  derived from
theoretical linear theory with those derived from a "strip method" using the nonlinear rigid wing spanwise
local lift from windtunnel measurements versus angle of attack (AOA) as shown in graph 2b. It is obvious.
that spanwise AOA effects have an important influence on the flexible total wing lift curve as shown in
graph 3c. Whilst the resultant flexible wing lift curve is quite acceptable in the linear region it
deviates strongly in the nonlinear region. A comparison of windtunnel measured lift from a rigid bent wing
model (designed for a high "g"/ct condition) shows, that the "strip method" matches quite well the
windiunnel test results in the design condition.

From this experience it can be derived, that also for the definition of incremental effects as e.g.
inertias ( ACL,mnz ) a proper relation of the AOA range in the nonlinear region is mandatory and can
only be treated in an iterative process using combined conditions (e.g. AOA + nz ).

In forgetting aeroelastic tailoring to achieve trailing edge flap effectiveness - to be treated at the
end - it may be pointed out, that the effects of these static aeroelastics on structural wing design can be
regarded as a secondary effect (from shifting the aeroelastic wing load distribution inboard or even
outboard) because changes in wing lift from aeroelastics must be compensated by increasing or also
decreasing the aircrafts AOA in order to design for a constant load factor.

Fin and Forebody Design

For these components the sitution is quite different because e.g. a horizontal gust case may become
critical and the resultant sideslip angle really produces a fin efficiency and resultant design load
coincident with fy, and forebody loads coincident with the aeroelastic increment Acy, (03) as shown on
Fig. I. Thereof these factors are realized as primary effects on design loads and the c.p. shift only as a
secondary influence.

lorizontal Tail Loads

Fig. 3 shows the application of steady aeroelastics on the derivation of horizontal tail loads. First
it can be seen, that the response calculation using flexible aerodynamics reflects an increased AOA in
comparison to the rigid value in order to achieve the same magnitude of design load factor. Secondly a
smaller tailplane load is necessary for initiation of the manoeuvre (according to MIL-Spec.) but an
increased tailplane load for checking the manoeuvre. In a swept wing stable configuration the latter effect
can be explained by reduced stability and it becomes even more pronounced for an unstable aircraft, where
very small control loads (tailplane, foreplane or trailing edge flap) for initiation of the pitch manoeuvre
are produced but relatively high loads arise in order to check the manoeuvre (instability effect).

Effects of Inertia Terms on Responses and Related Loads

Based on the same "strip method" as quoted above for derivation of wing aeroelastics Fig. 4 shows the
inertia bending effect from a roll acceleration 6 for different store adaptions on a medium swept
wing-using windtunnel measured spanwise distributions. The aeroelastic deflection results in local AOA
changes leading to an inertia rolling moment Act (a) for the wing alon. and an increment for outboard
stores respectively as shown on the right hand side of Fig. 4.

In performing a MIL-Spec. rapid rolling manoeuvre considering this Actc term it is revealed, that the

resulting acceleration b is increasing by up to 40 % as shown in Fig. 5. This j, produces a change in local

load factors of:
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Arz o/b store = I,'tY/g or

L~ny u/f store = 1,.Az/g

thus leading to increased net (aero + inertia) normal and side forces by up to 50 % for the 0 "g" case.

In this context an interesting relationship between the moment of inertia and the aeroelastic

increment AC10 may be worth mentioning. Fig. 6 shows, that a proper combination of the inertia and

aerodynamic configuration (aeroelastic effects of outboard stores exist only in line with remarkably
increased inertias) is mandatory in order to avoid undue roll accelerations.

Optimization of Trailing Edge Flaps

An empirical formula for the relationship between the aeroelastic roll efficiency factor kt and the
aeroelastic hingemoment reduction kHM for ailerons on a delta-canard-fin configuration can approximately
be expressed as shown in Fig. 7. It is seen, that half of the aeroelastic efficiency reduction can be
assumed for the hingemoment. In demonstrating this very simple relationship on steady roll performance it
becomes quite obvious, that flap design hingemoments are strongly influenced by a careful optimization,
which shall be treated here below.

This strong influence of the aircraft elastic structure on aerodynamic loading is first shown by the
aeroelastic correction factor of an outboard trailing edge flap (Fig. 8) and the respective chordwise
distribution shown in Fig. 9.

It will be shown how high sustained roll rates can be achieved at high dynamic pressures with
aeroelastic tailoring of a carbon fibre wing, whilst minimizing hinge moment demand and therefore hydraulic
power and flow requirements.

A certain roll rate was chosen as design aim at Ma 1.6, 20000 ft, which makes the aircraft agile and
competitive. All calculations were performed with the TSO-Computer program /6/ with a MBB-modified
optimization algorithm. The program can minimize the structural weight by proper laying of CFC laminates in
direction and thicknesses fulfilling in this case static strength and efficiency (stiffness) requirements

simultaneously. Because a plate model is used for structural representation quick changes of geometry, like
flap size, are posssible which would be very time consuming on a finite element model. On the other hand

there is a certain loss of accuracy so that results should be taken as tendencies rather than fixed values
of structural weight.

Aim of the Study

The aim of the exercise was to optimize the CFC wing laminates (with respect to weight) in thickness
and direction - always fulfilling the rollrate required - in such a way that the lowest trailing edge hinge
moments could be found. Flap size - chord and length - were varied parametrically. An estimate of the
exchange rate of trailing edge hinge moments with weight is given in Fig. 10. This figure shows that
halving necessary hinge moments by making flaps more efficient could save about 60 kg weight.

In order to have all possible flap travel available for rolling it is necessary to do required
trimming with the foreplane. The final outcome of the investigations are flaps of optimum size, which

cannot be found by applying pure aerodynamic considerations.

Search for Optimum Trailing Edge Size

Due to strong influences of elastic deformations on stationary aerodynamic forces at high dynamic

pressures the classical aerodynamic approach with rigid derivatives must be replaced by a method, which

optimizes the structural weight fulfilling the roll requirement. It should be emphasized that all

parametric investigations must be done by optimizing the structure in thickness and layer direction for

every point investigated - which could mean different laminate thickness and directions for each point.

A study taking an optimized structure for one point and analyzing another point could be misleading.
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The study was conducted in two steps:

I. Find the maximum possible chord flap

2. Define a split line for two flaps

Investigated Flap Geometry

The scope of the study is shown on Fig. II. Different inboard flap chords were not investigated
because the requirement was also to get the largest chord flaps aeroelastically possible necessary to
assure controllability at high subsonic Mach numbers where longitudinal static instability is the highest
and flap deflection may be restrictive.

Results

Fig. 12 shows the hinge moment and required flap angle to fulfill the roll requirement for flap
version 1. It shows a steep gradient for hinge moment reduction near the strength design which flattens
considerably at 40 kNm. Flap deflection shows similar behaviour. It should be noted that the flap
deflection for the rigid wing cannot physically be reached with the given t/c ratio and material
properties. Rigid flap in this investigation means a flap which is continously driven. Two optimization
runs were made with flexible flaps driven at two spanwise positions (0.2 and 0.5 wing span) which showed
that flap angle goes up whereas hinge moment goes down. These results should not be applied as a general
rule as is shown in Fig. 13. This figure presents results for flap version I (40 % outboard chord). The
behaviour of hinge moment and flap angle is similar but 40 kNm can be reached with less structural weight.
When the flexible flap was introduced the flap angle went up considerably whereas the hinge moment did not
reduce. A boundary for increasing the flap chord outboard is the flutter speed with tip missile and the
request for a reasonable torsional box to get a high enough missile attachment stiffness. As a matter of
interest flutter speeds of the clean wing were calculated and are presented in Fig. 14. From this figure it
can be deduced that for the clean wing there is no difference between wing with nap I or flap II. Flutter
speed increases with structural weight because torsion frequency goes up. In Fig.1 v-g plots and vibration
modes for one case are presented. In Fig. 16 the added mass (above the mass for strength design) as a

bigger chord outboard flap 11 was chosen for further investigations, because it clearly shows a total mass
reduction against flap I.

Flap Split Definition

In order to define the flap split spanwise two exercises were performed. The full span flap was cut
outboard down to 80% and 60 % span - always fulfilling the roll requirement with an optimized structure. As
shown in Fig. 17 this is the wrong way to go. Hinge moment and flap deflection increase above reasonable
values of

40 kNm and 15 deg. (to stay in the linear regime of aerodynamics)

and cannot be reduced by added mass because gradients are too flat.

In Fig. 18 the fullspan flap is cut inboard to 80 % and 54 % span. The hinge moment goes down now but
deflection becomes marginal (close to 15 deg.) when a 54 % outboard span flap is used alone to fulfill the
roll requirement. It is also impossible to install 30 kNm at such a far outboard position as 54 %. Fig. 19
shows clearly that the optimum lies around 35 kNm installed hinge moment, which is lower than for full span
flap (Fig. 16). A possible way to go is shown in Fig. 20, where a flap split is taken at 40 % outbuard flap
span (referred to total flap span) and different flap angles are used inboard and outboard. Table 2 shows
that it is best to use maximum deflection from outboard flap respecting the limits of

20 kNm and 15 deg. angle

because ratio flexible hinge moment
flexible wing roll moment

is : - 1.5 x better than full flap
2 x better than inboard flap
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Proposed Flap Split

The following conditions must be fulfilled:

- biggest possible outboard span flap with maximum angle
- not exceed 20 kNm with outboard flap
- not exceed 15 deg. flap angle

Two cases could be calculated (without changing the aerodynamic grid) shown in Fig. 21. A split of
50 % i/b and 50 % o/b flap was selected. With a linear interpolation of the results shown in Fig. 21 this
would give an outboard hinge moment of 22 kNm.

Additionally two benefits of this configuration .hould be mentioned:

- same actuator could be used for i/b and o/b flap

- about 5 kNm hinge moment is still available at the maximum roll condition
when 40 kNm are installed as a total.

CFC Wing Laminate Thickness and Directions

For the se!ected case the laminates are shown as isothickness in Fig. 22. An unbalanced laminate was
chosen because it gives lowest structural weight. It is interesting to note that the +45 deg. layer, which
is primarily responsible for increasing flap efficiency, is increasing its thickness outboard to produce
higher stiffness.
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J ROUSTAN

M. CURBILLON

AEROSPATIALE - Division Avions

Direction des Etudes Toulouse

316 Route de Bayonne BP 3153

31053 TOULOUSE

Sur les avions de transports modernes, les phnomenes aero~lastiques statiques jouent
un r0le tres important tant au niveau des qualites de vol que des efforts appliques
a la structure

Apres avoir present6 la metnode utilisee par rArospatiale pour ]a prise en compte et le
calcul de ces effets, cette communication aborde quelques aspects particullers lis 6
cette approche Les differents points abordes sont illustres par quelques resultats
d'tudes

ABSTRACT:

Static aeroelastic phenomena play a very important role on modern transport aircraft,
as regards both handling qualities and loads applied to the structure.

After presenting the method used by Aerospatiale for taking these effects into
consideration and calculating them, this lecture deals with some particular aspects

associated with this approach The various points discussed are illustrated by some
results of our Investigations
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1 - TOUTO

L'evolutiofl des avions MOdernies de transport se traduit Dar une recherche continue de
l'auynentatton des PERFORt1ANCES dans tous tes domaines.

- v Itesse.

- A4rodynamique,

c Structure.

-Qualit de Vol,

-Propulsion,.

M -asses,

Concorde a Dresente un "bond". mats la generationl des avbons actuels ou futurs. sitls
. restent" dans le domaine subsonnique, n'en con? irment pas moins cet objectif.

Pour nous aeroelasticiens ceci se traduit par:

- des surfaces portantes aux Proftls tres 6volu~s et de grands altongements. pour
lesquelles les aerodvnamiciens investtssent heures d'ordtnateur et de soufflerie.

- des structures oci la chasse aux kilogrammes super? tus est lancee t travers des
M-odeles Elements Flis toujours Plus fins et de Drocedures d'optimisations
attrayantes.

d'oU des av ions de plus en plus souples.

Pour s'en convaincre 11 suff it de regarder la forme prise par un A310 en cours; d'essats
statque. (Voir blanche 1).

I erv r~sulte donc Que les phenom~nes a~ro~lasttques sont devenus une composante
majeure dans cette recherche de la performance. Nous nous tnt~ressons Ici plus
part Icul 16rement aux phenom~nes statiques ou les deformations misent en jeu sont
surff sament tentes,

Les effets de laoroelastlcit statique se manifestent dans tous les equtflbres associ~s
aux diffrentes manoeuxvres effectu~es par layton en vol. t1 en rtesulte des modifications
des repartittons d'ef forts locaux et des conditions d'quilibre.

Dans ]a mesure ou Ion veut 6tre performant. iI est necessalre deliminer au maximum
les incertitudes.
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II faut donc tre capable d'explorer tout le domaine de vol avion en avion souple tant
pour les problemes de qualit6s de vol lue pour les prob)emes d'efforts generaux.

Par ailleurs les simulateurs de vol sont de plus en plus utIlisus soit comme outil de
developpement soit pour lentrainement des equipaoes. La aussi nous trouvons des
moyens de simulation de plus en plus performants et realistes. 11 est donc necessaire
qu'lls puissent prendre en compte les effets de souplesse.

La recherche de la performance au niveau conception et dimensionnement de )a structure
nous conduit a introduire des contraintes ou des objectifs aeroelastiques dans le
processus d'oPt ImIsat Ion structurale.

Nous pouvons donc resumer nos objectifs: (planche 2)

. Explorer tout le domaine de vol en avion souple

.Donnees simulateurs en avion souple

.Optimisatlon aeroelastique.

3 - AEROELASTICITE STATIQUE ET MECANIQUE DU VOL:

Les deux premiers objectifs ci-dessus concernent l'mpact de 'aeroelasticite statique
sur la mecanique du vol et de ses Consequences : conditions dequilibre, qualites de vol.
ef forts generaux.

Compte tenu du probleme pose et des objectlfs precedents lapproche Aerospatiale
consiste J Introduire les etfets de souplesse sous Ia forme de coefficients correcteurs
des donnees aerodynamiques avion rigide af in de conserver le modele mathematique
utilise en mecanIque du vol tradltlonnelle.

3.1 - Les "outils" aerodynamloues et structuraux

Letude de laeroelastlclte statique consiste a etudier les relations entre deformations
et forces indultes dans le cycle:

forces -> deformations -> forces Induites -> deformations ->.

Forces aerodynamigues (P1. $)

Le cycle precedent falt apparaitre deux types de forces:

- forces Initiales declenchant le cycle
- forces Indultes

Les forces Initlales sont celles assoclees a ravion rigide. Pour les forces
aerodynamlques elles resultent des pressions mesurees en soufflerle ou calculees
theoriquement.

Elles sont rattachees par exemple aux effets:

- incidence it - jF.

- portance nulle CL: 0-.

-braquage gouverne It F I
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Les forces induites fFA) sont celles resultants des deormations de Ia structure (A)
La methode employee pour les calculer utilise des matrices de coefficients dinfluences
aerodynarniques stationnaires [A] calculees par la me~thode des reseaux de doublets (ReW
3) d'oO I = q Aj&

A defaut de donnees soufflerle ou theoriques plus evoluees ces matrices permettent
d'obtenir des forces Initiales de bonnes qualites acceptables Dour des 6tudes
preliminaires.

Ceci est dG en particulier aux possiblilites de notre code de calcul autorisant un maillage
fin (500 "paves" aerodynamiques par demi-avion) et a un recalage global en portance

pour les effets Mach.

. fm tion(PanChe 4)

Le calcul des deformations est effectue en utilisant une matrice de flexibilite ICI
reliant forces locales (Fl et deformations locales [a)

f = LC1{H
Cette matrice de flexibilite [CI est calculee Par le code Elements Finis ASELF developpo

IAerospatiale.
La schematisation structurale peut aller du modele poutre simplifiee (voir Ref. 2) au
modele elements finis avion complet traite par assemblage de sous-structures. La
methode des sous-structures etant parfaltement adaptee au travail en cooperation ou en
aroupes operat lonnels speclalIses.

312 - Coefficients aerodynaijpues en avion souple

Le Principe general de lapproche utillsee a l'Aerospatlale est dO a M.A MARSAN qui la
applquee a I'Rude du comportement de Concorde en vol symetique stationnaire
(Reference I).

3.21 - Principe et organisation aenerale du caLcul (PI. 5 a 7)

Pour ne pas alourdir 'expose et eviter une suite d'expressions matricielles fastidieuses,
Ie Principe et lorganisation generale du calcul seront appliques A:

- equation dequilibre en forces pour des conditions de vol symetrique sous facteur de
charqe n a vitesse de tangage nulle.

-un avion avec empennage et gouverne de profondeur, lemnpennage etant considere
comme flxe. Lavion rigide est alors represente par les coefficients ae~rodynamiques

g radient de portance avion avion completx

(Fuselage -voilure + empennace)

-incidence de portance nulle en avion en avion complet - I.
-gradient de portance lie au braquage de Ia gouverne de Profondeur-Tt

,7T
En consequence. le4quatlon d'equllibre avion rigide se&crlt d'une manlee tres
schematlque:

= ~ I 9.$ K D..



Pour des conditions de vol identiclues. l'effet de souplesse ne modif ie pas la resultante
des efforts aerodvnam I ues Mai s entraine une var iati!on des parametres d'equ I Iire
et &V~ ainisi q'fune deformation de la structure WAI

La resuitante a~rodYnamique n'etant pas modifie le syst~me O'efforts associ& aux
effets de la souplesse est donc en equIllbre Ceci s'&crit sous la forme

9 0

et Von obtient 1equation d'equilibre en avion souple en ajoutant ie syst:4me nuli-)a
lay ion rigideQ, i'ou

Quait aux deformations de la structure elies sont dues a toutes les forces aqissant Sur
I avior, provenant des effets rigidies (FIR et souples fAFJ5 , Solt

En rempiaqant {f.j equation~jans I equation d ecluiibre~ious ar-rivons a la
tormulation meffant en evidence la forme definitive et simple de )'equation d equilibre
en avion soupie

11 5 K 6,1L ( ) , j

Ir - . S. - C +hI + ~ [AJt 1C] F'(j~

f4 l[A C~T I{M~

+ I 9$L ( o) + ±. + ,i ®-- T
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ou apparaisseflt.

les conditions d'equi libres en avion souple -, et
- ]expression des coefficients a~rodynamiques en avion souple 7C

5

__- -,)a(- _ - - - - -

-1CL CLA"JCL - - A

Ceux ci comprennent le terme traditionnel avion rigidle -. plus une partie due a ]a
Souplesse 4*74 sauf pour le dernier qui n'a pas dOquivalent en avion rigide
Dans certainsa en particulier pour les ef lets gouvernej le terrne correctif lie a la
souplesse peut se presenter sous la forne d'un facteur multiplicatif ou rendement

T~ It
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3.22 - Forme des coefficients souples

Le Principe general de cette approche est en fait applique6 aux equations de forces et de
moments tant pour des manoeuvres longitudinales Que iaterales. I I en ressort ui grand
nombre de termes correctlfs assocl~s a ]a formulation utllIls~e pour lavlon rigide. Par
exemple pour rester dans le domaine longitudinal, la formulat ion complete du
coefficient de portance CL 5 s&crit

Wcp c SM ±(*C.S9 + + A

+ CL -SA6 4 AC. .SL'P + ACL .SAdI +.4. -

CI'.. =. portance dle lavion sans empennage (WFP -Wring + fuselage +pods)

%K

Cz L - portance de lempennage horizontal (T = tail) ll~e A inmcidenceCL= c = deflection

Z= braquage de l'empennage horizontal

C j portance de l'empennage lie au braquage de la gouver'ne de
Drof ondeur

.)~CL I portance de lavion complet li A la vitesse de tangage

I w I )CL L 5C

spoilers, a~rofreins, lift dumper ailerons et au facteur de charges n,

Tous les coefficients prkc~dents font intervenir des terrnes correctifs pour tenir
compte des effets de souplesse

Quelques exempies de termes correctifs sont donri~s pianches 8 A 10,
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P1lanh.8 Exemple de termes fonctions du Mach et de la presslon dynarniQue

4 variation du gradient de portance 1~ !4 l'incidence due 6 Yeffet de
sourplesse

On retrouve une evolution en Mach du meme type que celle du coefficient en avion rigide
alors que le6volutlon en pression dynamique est plus ou moins de type parabolique.
(Non linearite6 assoclee A linversion de la matrice [B].

-r
- CL ,i=rendernent aero~lastlque en gradient de portance lie au braquage de ]a

gouverne de profondeur

Le6volutlon en Mach. sill y en a une. se manifesteralt au niveau du par
llIntermediaire, de le6volutlon du coefficient rigide Cf 51

L $ ( 7CIS
Planche 9: Variation du gradient de portance assocle au facteur de charge. & 6'

On retrouve 1'evolution plus ou momns paraboiique en pression dynamique. lef let de ia
repartition de masse se traduisant par une sorte de translation.

P.Ianche 10Q El let de souplesse Sur l'incidence de portance nuile. CK

Nous taisons ressortir lci une des possibilites originale de la formuiation retenue. a
savoir la possibilite de fournir l'effet de souplesse Sur i'incldence de portance nuile
r~ferencee Solt b )a forine bbtJ ou forne de construction (dite f orme a n - 0 g) Soit a ia
forme optimisee de crolsiere ou forme maquette (dite n - Ig) sulvant la reference
retenue Pour lincidence de portance nulie en avion rigide.

Pour une pression dynarpique- 0 nous remarquons que ]a variation d'incidence a
portance nulie referencee )a forme b~tl (ou n = Og) est nuile car l'avion n'est pas
deforme et que la variation d'incidence de portance nuile ref eencee la f orme maquette
in - Ig) est differente de zero. Elie reprc~sente la difference d'Incidence de portance
nui le entre les formes maquettes (n = I g et b~tl (n =0 g)).

3.3 - Charges en avion sOuoie (Pl. 4)

Nous avons vu precedemment que 1'ef let de souplesse se traduisait par une modification
des conditions deqjuillbre w .' =.. el -~ + 9T ains! que
par des deormations (
L'exainen de 1'equatlon de quiIlbre de lavion souple ( Equatlon@Plianche 5) montre que
les repartitions de charges ilees aux variations d'incidence et de braquage sont prises
directement en comote en utilisant les repartitions unitaires etablies en avion rigide
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Par contre 11 est nkcessole de calculer les charges ll~es aux d6formatlons

Les deformations. comme le montre l'6quation~planche 6 dependent des efforts
d'incidences. de braquage, de portance nulie et d'inertles Les charges iies a la
soupiesse. cest a dire les deformations sort calcul~eS Dour un effet unitaire de chacun
de ces oaram~tres. Par exempie Dour leffet d'incidence nous aurons

Les charges souples peuvent 6tre pr~sent~es directement sous forme d'ef forts locaux
unitaires {hFAC~ ou sousIa forme de portances et defoyers locaux
(voir planche 11 )

La combinaison efforts avion rigide- efforts lies aux deformations est faite au niveau
de Vetablissement des efforts generaux

3 4 - Divergence des surfaces oortantes

L'etude de la divergence des surfaces portantes est 1(etude dlu comportement du cycle

Efforts -> deformations -> efforts induits -) deformations -)

Dans le cas ou ce comportement est divergent, les deformations (A) tencient vers ; i

Dapres Vequation de deformations

ceci se prodult si(S8) -[[1] - C1(A1]) est singuliee Pour un nombre de Mach donne. la
recherche de )a vite-sse de divergence a Valtitude Z revient a determiner la valeur de V,
qui rend la matrice [B]singuliere

35 - Commentaires et remaraues

Dans lapproche proposee pour ia prise en compte des phenomenes aeroelastiques
statiques sous f orme de coefficients aerodynamiques avion souple, les relations entre
deformations et efforts aerodynamiques indluits font appel a des matrices dle
coefficients aerodynamiques stationnaires[Alet une matrice de f lexibilitO(Cj
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Hors une matr ice de flex IbilIl11: est toujours associ~e S des condit Ions I Imites (appu Is.
encastrement).
Ceci peut laisser penser que les termes correctifS de souplesse mis en evidence dans
notre approche sont fonictions de ces conditions limites. 11 n'en est rien heureusement
car:

a) Comme nous lavons vu pr~c~demment les effets de souplesses torment un syst~me de
forces en 6quilibre, donc les reactions aux appuis Sont nulles

b) Les deformations 6 considerer sont celles par rapport a layton rigide ramene a son
centre de gravite.

De la remaroue a) 11 ressort que la for-me avion est Independante des appuls et Ia
remarque b) demande que cette forme soit def inie par rapport au centre de gravite avion.

Cecl est vIsuaIIs6 planche 13

Sous leffet du systeme de forces f, f et F - 2 f ia forme avlon est identique soit
encastr~e au CG (appuis Al ) ou appuy~e en extr~mIt~s de vol lure (appuls A2) (remarque
a)

La remardue b, cest-a-dire deform~es par rapport au centre de gravlt6 n~cessite de ne
pas utiliser brutalement les matrices de flexibilit6 En effet. une matrice de flexiblil:6t
donne des deformations par rapport aux appwts (CI pour la condition d'appul Al. C2 pour
la condition A2). Ceci conduirait donc a des termes correctifs Ar-. et eCz
differents Par contre. si Yon respecte ]a remarque b) dans le cas A2, cest a dire sI Ion
tevalue Ia deform~e par rapport au CG solt U2 qul est alors &gale a Cl, nous obtenons les
mimes termes correct ifs. d'3L- &.C.

En consequence, si nous voullons 6tre rigoureux. nous aurlons une matrIce de fi exibliit
par configuration massique.

En fait, af In de ne pas trop p~nailser le volume des calculs et compte tenu des rlgIdlt65
mises en jeux au nlveau de Ia jonction vollure-fuselage, nous considerons qu'une seule
matrice de flexlbilite [Clcalcul~e directement avec des appuis aux Intersections de la
nervure d'emplanture et des longerons avant et arri~re est tout fait acceptable et
justifilable.

4 - EFFICACITF DES GOUVERNES EN AVION SOUPLE

4.1 - Importance de Vef fet de sounlesse (PI 15)

Lef fet de souplesse se tradult par une modif ication de Veff icacit6 rigide des gouvernies.
Dans le cas d'une aile en I l6che arri~e 6puip)6e d'allerons en extr~mit~s. II apparalt une
Derte d'efficacil6 qul peut aller Iusqu'A Vinverson.

Traditlonnellement les ef lets de la souplesse associ~s au braquage des gouvernes sont
donn~s sous forme de rendements a~roelastlques I7 qul sont le rapport entre
iefflcaclt~ gouverne en avion souple et lefficacit~ gouvene en avion rigide.
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Par exemple pour le gradient au moment de roulis lie au braquage des ailerons nous
avofis 1

La connaissance de tels parametres est donc tr~s importante pour

- )a definition des gouvernes: emplacement

gOometrie

- le choix des fonctions des gouverneS pour
quallt~s de vol
contrble des charges

- le dimensionriement avion (rigidites)

4 2 - Efficacite des ailerons externes A300 B

Af in d'illustrer VimPact reel de Va~ro~asticit6 statique nous oresentons ci-apres les
resultats d6tudes et d'essais en vol effectues sur lA300 B concernant Ia vitesse
d'inversion des ailerons externies

4.2 1 - ICa Dlusavn v. (planche 16)

L'A300 B est eouipe d'ailerons externes et d'ailerons internes Les ailerons internes sont
utilises dans tout le domnaine de vol et sont donc appeles ailerons toutes vitesses Les
ailerons externes ne sont utilises qu'a basses vitesses et sont alppeles ai lerons basses
vitesses. (Ils sont verouilies en position neutre lorsque M10,6)

Dans notre etude nous nous interessons a une commande en roulis particuliere assuree
oar les seuls ailerons externes et ce m~me a grande vitesse (Ailerons internes et
spoilers inhibes)

En considerant une manoeuvre de roulis SIMplifi~e lou manoeuvre a I degr6 de liberte)
dont 1leiuation en avion souple secrit

la vitesse de roulis stabilisee est proportionnelle au gradient en moment de roulis lhe au
braquace ailerons

Sur ]a base de cette approche simplifi~e la vitesse d'inversion en roul is. c'est a dire
vitesse avion J laquelle )a vitesse de roulis statiflis~e est nulle (ps -0). est &gale 6 ]a
vitesse de rendement en moment de roulis des ailerons nul I )~o

Pour les ailerons externes A300 B a M - 0.65 la vitesse de rendement nul calculee est de
V - 426 kts CAS
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Une campacyne dessais en vol a 61te effectuee sur I A300B N*3 avec une commandle de
roulis assuree par les seuls ailerons externes. Les manoeuvres de roulis stabilisees ont
ete real s~es Mi - 0.85 a diferentes vitesses Pour un braquage des ailerons externes
identique en amplitude

Les resultats sont donnes pianche 17

a V - 385 kts la vitesse de roulis stabilisee est d'environ 2s/s

a V - 403 kts elle est pratiquement nulle (assiette laterale @ voisine de 01

a V - 420 kts cule est inversee et denviron - 2*/s

4.23 - Comparaison calculs/essals: (planche 18)

Les essais en vol donnent une vitesse d'inversion en roulis V" o'400 kts CAS alors
quun calcul sur la base d'une equation Simlpliti~e donne V'C 426 kts CAS

Dans ce cas simplifie Ia vitesse dinversion en vitesse de roulis est identifiee 5 une
vitesse d'inversion en moment de roulis des ailerons. Si nous considerons une approche
un peu plus fouillee. Hi ressort que Ia vitesse de rMulls Po obtenue dans les 10 Premieres
secondes apres un echelon de gauchissement 5p est donn~e. en movenne. par Ia relation

c [ Pt ci~r j
Les simulations effectuees avec une commande des ailerons externes identique a celle
des vois conduisent aux vitesses de roulls donn~es planche 18 On notera pue clans ces
conditions Ia vitesse d'inversion en vItesse de roulis trouvee par le calcul est alors de

- 408 kts.

La difference avec ]a valeur calculee a Faide de Ia manoeuvre simplifi~e est
principalement due au r6le Important du lacet inverse induit par Iaileron

La comparaison calcuis/essais est alors tr~s bonne. Remarquons quli est aussi possible
de calculer la vitesse d'inversion en roulis en recherchant Ia vi tesse qui annule le
determinant de ]a matrice

5 - OPTIMISATION AEROELASTI0UE:

Comme nous venons de le voIr les consequences des erfets a~ro~iastipues statlques
peuvent condulre a des situations Inacceptables vis 5 vis du r~glement satisfaire (pas
d'inversion de commande pour des vitesses lnf~rieures 5 VD - 20% dans les cas sans
Panne)



Aussi i I est primordial d'6valuer ces effets tres t6t at in de pouvoir mettre en oeuvre des
modifications pour amneliorer la situation s! necessaire

Dans ce dernier cas. les modifications a proposer d0ivent conduire a une Denalite
massIque minimum en jouant a la fois sur une meilleure repartition de la masse
travaillante d'origine et sur une minimisat ion de la masse Structurale associee aux
rent orcements

Pour atteindre ces objectifs. l'Aerospatiale a introduit des cr-iteres d'a~roelasticite
statique (principalement le rendlement gouverne) dans le processus d'optimisation
statique developpe dans le cadre de son propre code le caicul structure par elements
finis ASELF.

L'int~gration des crit~es dlarotlasticite s'est faite sur le Principe de iarcliitecture
gen~rale existante du code d'optimisation statique. En effet. comme Dour les contraintes
statiques, les criteres a~rolastiques statiques n'ont pas de formulation explicite en
fonction des parametres d'optim isation

11 a donc fallu determiner un mode d6vaiuatton approci6 relatif a ces crIteres.
moyennant des recalages ou reanalyses a periodic it6 approprie

Lensemble des contraintes statiques et aero~iastiques est pris en compte au sein du
module de recherche de Optimum.
Ceci s'etfectue en deux Otapes

- formulation et acquisition des grandeurs aer'elastiques
- formulation de ce nouveau type de contraintes au sein du processus d'optiniisaiton

Pour cette deuxi~me etape. c'est A dire exprimer quantitativement les criteres et
contraintes a~ro~lastlques en foniction des p)aram~tres de conception, une approche
lin~aire par developpemnent de Taylor du premier ordre est utilisee, comme pour les
contraintes stat Iques.

Des considerations de formulation, de tailies des problemes matriciels a r~soudre. des
Interfaces entre grilles. nous ont conduit a abandonner l'utilisation de matrices die
flexibilite pour le calcul des deformations

Celles ci sont exprim~es sous forme d'une combinaiSon lin~aire de dtformees de base
analytiques Ceci a Ogalement l'avantage de conduire 6 une formulation Purement
geom~trique permettant de ne calculer qu'une seule f ols les coefficients
W~odynamlqueS relatifs a ces detormees de base

Compte tenu de cette fnt~qration dans le processus d'optImisat ion stat ique. les criteres
d'aero&)asticit et leur sensibI1it6 en fonction des Darametres sont traites
automatiquement Dar le processus g~nkral ainsi que leur r~actualisation en focntion du
redimensloninement it~ratif de la structure.

Avec cette approche la convergence vers la solution optimale est obtenue en quatre a six
reanalyses 41 ments finis avec un coOt Informatique du module doptimisation tout A
fait n~gligeable
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A travers cette revue des ph~nom~nes a~ro~astiques statiques affectant ies ayions
modernes de transport nous avons mis en 6vidence leur importance tant au niveau tie )a
con'ception quau niveau die la justification.

11 en ressort quill est absolument ntcessaire de disposer "dfoutils" de calcul appropries
et fiables.

Par ailleurs, si Von veut pouvoir 6tre efficace, I] faut quils soientt utillsables des ia
phase de pr4-dimensionnement.

Ceci veut dire, que si Von veut Wte PERFORIANT, pour rester dans le challenge 6voqu6 au
debut die ce document, 11 est Indispensable d'associer Wtoitement. VAEROELASTICITE
STATIOIJE aux premieres phases de CONCEPTION d'un avion.
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P-'2 - STATIC AnflOIASTECITY
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*r: DIRECTION ETUDES TOULOUSE
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" To prospect the Complete flight envelope with the flexible aircraft

-Handling qualities
*Loads

" To introduce the flexible aircraft in the flight SIMUlator
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4 - T3UCU3ALDIRECTION ETUDES TOULOUSE

Stick Model 
Finite Element Model

5 - TATI AEOELAIC DBC1

______DIRECTION ETUDES TOULOUSE

AM 
-P ?Aecospatiat approacll Priniciple)

terespl@a

9 Mrodyasmic rewiuift not Modiid

-tModificItjoO of - _

-Induced serodYnamic effects in equilibrium

r, M
ZC IT



F-- 5 - STATIC ARUORLIASTIC RPFRCTS

Aerospattale approach (principl?'ECTO TDSTUOS

*FlIjnihJ A/C dleforrmatkns

1 4 C FF ~ +nI a F

* + F + J)

P, - STATI ARKit As() I F

*rspat ~.rosat~~DIRECTION ETUDES TOULOUSE

p ~Aerospatiale approach Iprinciple)

M, JA {'[ A ][6cJ 'n

+ Ilf[,, I ef I

--mo. aC iT+-L

AC.: NR + 62'AJY

5



Alpr--

w.o~pT DIRECTION ETUDES TOULOUSE

- 7 5S or

a0 0

-1 0 o

o . 0 0

0 4 0 5

-rspn D-E O ETDE TOUOUS

- I

.10i

0,0 
b4t t

OLL ~ ~ ~ ~ 20 5,06 __________1



M PLEXEILA Air DRRIVATIVES

DIRECTION ETUDES TOULOUSE

o(~~o~ +~'~, (i, ~5 hape )

(1I * ) R e z ( n 5 ) 6 ,

0.40 T-,

0/

74-

wo; ~ ~ ~ /4 % /IETO TDSTUOS

0 Loa ditiuin soitd1 ntefc

0.1 load distri.ution

(~~:) aL 04000o

I, I D)



5-24
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SUMMARY

It is well known that wings with supercritical airfoils generally have lower transonic
flutter speeds than similar wings with conventional airfoils and that small increases
in angle of attack from zero and the accompanying static aeroelastic deformations have
further detrimental cffects on transonic flutter. This paper presents the results of
an effort to calculate the effects of angle of attack and the associated aeroelastic
deformation on the flutter of a highly swept supercritical wing (TF-8A) by use of the
modified strip analysis employed in previous studies of this wing. The spanwise
distributions of steady-state section lift-curve slope and aerodynamic center required
as input for these calculations were obtained from static aeroelastic calculations for
the wing by use of the FL022 transonic code and an assumed dynamic pressure. The
process is iterative so that flutter can be obtained at the same dynamic pressure as
that used to calculate the statically deformed shape and loading about which the
flutter oscillation occurs (matched conditions). The results of this investigation
show that the unconventional backward turn of the transonic dip in the experimental
flutter boundary for angles of attack greater than zero is caused by variations in
mass ratio and not by static aeroelastic deformation, although inclusion of the latter
appears to be required for quantitative accuracy in the calculations. For the very
high subsonic Mach numbers of this investigation, however, quantitative accuracy will
also require inclusion of viscous effects on shock strength and location.

SYMBOLS

ac,n nondimensional distance from midchord to section aerodynamic center
measured perpendicular to elastic axis, positive rearward, fraction of
semichord

b semichord of wing measured perpendicular to elastic axis at station

br semichord of wing at spanwise reference station (n = 0.75)

CLo wing lift coefficient at .=O

CL. wing lift-curve slope

C, section lift coefficient for a section perpendicular to elastic axis

C ,.n section lift-curve slope for a section perpendicular to elastic axis

Cm section-pitching moment coefficient referred to midchord for a section
perpendicular to elastic axis

k reduced frequency, brt/VcOSAea

M freestream Mach number

mr mass of wing per unit span at spanwise reference station (n = 0.75)

q freestream dynamic pressure

V freestream speed

V flutter-speed index, V

aangle of attack at wing root

nondimensional coordinate measured from wing root along elastic axis,
fraction of elastic axis length

^ea sweep angle of elastic axis

Z'T . . . - -- -- . -- --. - i lm m *u 'm--' --"ll 1
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w r mass ratio based on spanwise reference station (n 0.75), mr/ph

p freestream density

circular frequency of vibration

r  -- ..enc. freq4ency, w ,u,^- f . -in.

INTRODUCTION

It is well known that the use of supercritlcal airfoils, rather than conventional
airfoils, can have adverse effects on the transonic flutter characteristics of lifting
surfaces. The effects include reduction of transonic flutter speeds (refs. 1 to 3) and
increased rate of degradation of flutter speed with small increases in angle of attack
(refs. 4 and 5). In order to gain insight into these deleterious effects and the
physical phenomena involved, a computational flutter study was conducted half a dozen
years ago for a flutter model of the supercritical wing of the TF-BA airplane (fig.
1). Since adequate aerodynamic theories for three-dimensional unsteady transonic flow
were not available, the modified strip analysis (refs. 6 to i?) was used. Spanwise
distributions of steady-state section lift-curve slope and aerodynamic center, required
as input to the flutter calculations, were obtained from wind-tunnel pressure
measurements on another model of the same airplane.

Ihe calculated flutter results compared well with experiments for in and 10 angles
of attack but did not reproduce the drastic decline in transonic flutter speeds shown
by the experiments at 20 and 30 angles of attack (ref. 5). The trends seemed to
indicate, however, that the latter discrepancy was caused at least to some extent by
the fact that the pressure model, from which the aerodynamic inputs were obtained, was
two orders of magnitude stiffer than the flutter model and hence deformed statically
much less than the flutter model.

The present investigation was initiated to address that problem. The same methodology
is used except that the spanwise distributions of section lift-curve slope and
aerodynamic center are obtained from static aeroelastic calculatiuns for the flutter
model employing the FLO2Z full-potential code (ref. 13). Dynamic pressure is iterated
between the aeroelastic calculation and the flutter calculation in order to obtain
flutter at the same dynamic pressure as that used to calculate the static deformation
and loading. The objective of this investigation is not to develop new methodology but
to study the physical phenomena involved.

FLUTTER ANALYSIS METHOD

The modified strip analysis (ref. 6) is formulated for wing strips oriented normal to
the elastic axis and is based on stripwise application of Theodorsen-type aerodynamics
(ref. 14) in which the lift-curve slope of 2' and aerodynamic center at quarter chord
are replaced, respectively, by the lift-curve slope and aerodynamic center for the same
strip of the three-dimensional wing at the appropriate Mach number and angle of
attack. The downwash collocation point, where the downwash induced by the aerodynamic
load is set equal to the kinematic downwash, is modified accordingly. The aerodynamic
admittance function (circulation function) is modified for compressibility by use of
two-dimensional unsteady compressible-flow theory (ref. 15).

The simple example of section lift L on an unswept wing can be used to illustrate the
changes to Theodorsen aerodynamics that are involved in the modified strip analysis.

For a three-dimensional wing in compressible steady flow, the section lift is given in
te'ms of the section lift-curve slope C and the static angle of attack or

alternatively the downwash Q=cV.

L - C _ 5V' (2b) = C0  oVbQ*,n -" . n

For two-dimensional incompressible oscillatory flow, the section lift as given by

Theodorsen can be expressed in similar form.

L = 2npVbQC + noncirculatory terms

Now, however, the lift-curve slope for two-dimensional incompressible flow is 2,, and
the circulatory lift is multiplied by an aerodynamic admittance function (circulation
function) C(k)(F1 + iGi. The downwash Q is the unsteady -ownwash evaluated at the
three-quarter-chord po nt which Is the collocation point for induced and kinematic
downwash in two-dimensional incompressible flow. Noncirculatory lift terms which have
no counterpart for steady flow are also included.

For three-dimensional compressible oscillatory flow, the Theodorsen form of the
expression is retained for the modified strip analysis

L C' P VbQC I noncirculatory terms
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but with three modifications: (a) The lift-curve slope is no longer 2. but the value
for the particular section of the three-dimensional wing at the particular Mach number,
angle of attack, and other conditions being studied. (b) The downwash collocation
point is no longer at three-quarter chord but is relocated to satisfy the trailing-edge
condition for the particular section lift-curve slope and aerodynamic-center position
involved. (c) The circulation function for incompressible flow is modified in
uagniLude ouly to account for compressibility.

-G FC(k,M) CFI_-, (F1 + iG )- (F1 + iG I

+1 G1

where subscripts C and I indicate values for two-dimensional com~resslble and
incompressible flow, respectively. Similar modifications are also made, of course, in
the corresponding expression for section pitching moment (refs. 6 and 7). Note that no
arbitrary user-selected parameters are included in the expressions in order to improve
the agreement with experimental flutter data or with other calculations.

The modified strip analysis has consistently given good flutter results for a broad
range of swept and unswept wings at speeds up to hypersonic (ref. 7), including effects
of wing thickness (refs. 9 and 10) and angle of attack (ref. 11). In particular, this
method which was developed in the mid 1950's (ref. 6) was used successfully in 1959 to
calculate transonic flutter characteristics for some swept wings with conventional
airfoils (ref. 8). In 1979, it was used to calculate transonic flutter of the present
supercritlcal wing at essentially zero angle of attack with exceptionally good results
(ref. 3). That study was extended in 1980 to include nonzero angles of attack (ref.5).

PREVIOUS FLUTTER CALCULATIONS FOR TF-8A WING

For Experiments in Freon-12

In the calculations for the TF-BA wing shown in figure 2 (from ref. 3), the required
aerodynamic parameters were obtained from steady-state surface pressure measurements in
the Langley 8-foot Transonic Tunnel (ref. 16). In the subsonic range, agreement
between calculated and measured flutter boundaries is excellent. In the transonic
range, a transonic dip is calculated which closely resembles the experimental one with
regard to both shape and depth. However, the calculated dip occurs at about 0.04 Mach
number lower than the experimental one. The reason for this difference is not known
with certainty. There is some evidence, however, that indicates that the difference
may be associated with model size relative to tunnel dimensions. The pressure model
from which the aerodynamic coefficients were obtained for use in the flutter
calculations was smaller relative to tunnel size than was the flutter model.

Note also that the experimental flutter data in figure 2 as well as the aerodynamic
parameters used in the corresponding flutter calculations were obtained at essentially
zern angle of attack. Consequently, the associated static aerodynamic loads and
aer~elastic deformations were small and were not expected to influence flutter
characteristics to any significant extent.

The experimental flutter data shown in figure 2 were obtained with Freon-12* gas used
as test medium. Therefore, the associated values of mass ratio (fig. 3) were
relatively low.

For Experiments in Air

The good results shown in figure 2 (from ref. 3) encouraged an extension of the study
to examine the effects of angle of attack on flutter (ref. 5). The required
aerodynamic parameters C ,n(n ) and acn (n ) were obtained from the same wind-tunnel

pressure data as before, and representative values are shown in figures 4 and 5.

Figure 4 shows representative spanwise distributions of section lift-curve slope and
aerodynamic center obtained from measured surface pressures at two subsonic Mach
numbers. Nonlinearity with respect to angle of attack is minor at Mach number 0.25 but
increases as Mach number rises to 0.80, especially in the aerodynamic center location.
Note that the TF-8A wing was designed for an unusually high drag-rise Mach number
(M=O.99).

As Mach number increases further, nonlinearity (as typified in fig. 5) becomes
substantial and portends growing sensitivity of flutter speed to changes in angle of
attack. Note, however, that the aerodynamic model on which the j,ressures were measured
was two orders of magnitude stiffer than the flutter model in both bending and
torsion. Consequently, aeroelastic deformation of the aerodynamic model was small, and
the effects of angle of attack shown here are essentially aerodynamic (rather than
aeroelastic) in origin.

* Freon is a registered trademark of E. I. DuPont de Nemours Co., Inc.
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The corresponding flutter results for angles of attack from 0 deg to 3 deg are shown in
figures 6(a) to 6(d) (from ref. 5). Note that the mass-ratio values shown on the
figures for these experiments in air are considerably higher than those for the
experiments in Freon-12 which were shown in figures 2 and 3.

At each Mach number for which the aerodynamic experiments were conducted (ref. 16),
pressures on the wing surface were measured at two levels of freestream dynamic
pressure, and both were used in the flutter calculations of reference 5 as indicated by
the solid and dash lines in figures 6(a) to 6(d). Moreover, the Mach numbers for the
aerodynamic experiments did not coincide with the experimental flutter Mach numbers.
Therefore, no attempt was made to match experimental flutter conditions point for point
with respect to Mach number and mass ratio. Instead, the flutter calculations were
made only for the maximum and minimum experimental values of mass ratio at each angle
of attack.

For a = 0 (fig. 6(a)), static aeroelastic deformations of the flutter model were not
significant, and the conventionally shaped experimental flutter boundary is reasonably
well predicted by the calculated values which are about 6 percent conservative at M =
0.85 and a bit more so at the bottom of the transonic dip.

When a is increased to 10 (fig. 6(b)), the depth and location of the transonic dip
are still adequately predicted, but the unconventional backward tu-n of the
experimental boundary is not.

When a is further increased to 20 and 30 (figs. 6(c) and 6 (d), respectively), the
backward turn of the experimental transonic flutter boundary becomes much more
pronounced, and the bottom of the dip obviously drops drastically although the actual
bottom is not defined by the available data points. The extent of this decline is not
adequately predicted by the calculations. There is some evidence to indicate, however,
that this discrepancy was caused at least to some extent by the fact that the pressure
model, from which aerodynamic parameters were obtained for the flutter calculations,
did not deform aeroelastically nearly as much as the flutter model did. Hence the
aerodynamic parameters were not those relevant to the statically deformed wing shape
about which the experimental flutter motion occurred. See reference 5 for more
detailed discussion.

Experimental transonic flutter data for angles of attack up to 2.05 deg are presented
in reference 17 for a high-aspect-ratio supercritical wing with, however, lower sweep
angle and lower drag-rise Mach number thin those for the TF-8A. The wing of reference
17 was provided some degree of flexibility in pitch, but the torsional stiffness of the
wing itself appears to have been sufficiently high to prevent twisting deformations of
significant magnitude. The measured transonic flutter boundary for that wing at 2.05
deg angle of attack is remarkably similar to the flutter boundary calculated for the
TF-8A wing at 2 deg angle of attack using aerodynamic parameters obtained with the
comparatively stiff pressure model of reference 16 (fig. 6(c)). The flutter boundaries
for both wings show a relatively broad conventional-looking initial transonic dip
followed by a steeper, narrower, deeper, and lower second dip. Second dips of this
sort have been observed in wind-tunnel flutter-test results for other models under
conditions for which static aeroelastic deformations would be expected to be mimimal
(e.g., ref. 18).

Finally, it is illuminating to examine the variation of mass ratio with Mach number for
the experimental flutter data shown in figures 6(a) to 6(c). On the curves of these
parameters (fig. 7) the only firm values are those represented by the symbols which
correspond to the "hard" flutter points in figures 6(a) to 6(c). The curves faired
through the symbols in figure 7, however, are consistent with the curves faired through
the "hard" flutter points in figures 6(a) to 6(c).

For a = 0, the variation of mass ratio is moderate and of conventional form (compare
fig. 3). For a = 1 deg and especially for a = 2 deg, on the other hand, the deep
backward-turning transonic dips shown in figures 6(b) and 6(c) correspond to
substantial increases in mass ratio. These wide excursions in mass ratio indicate that
the experimental flutter boundaries follow substantially different tracks across the
flutter-speed surface (defined by V I = f(M-vr)) for a = 0, 1, and 2 degrees. The
large values of mass ratio in themselves would produce low values of flutter-speed
index. This point will be addressed subsequently in this paper. See also the more
detailed discussion of the flutter-speed surface and the implications for flutter
experiments and data interpretation in Appendix C of reference 10 and in reference 12.

PRESENT ANALYSIS

The inadequacy of the available experimental aerodynamic data' for application to
conditions involving significant static aeroelastic deformation of the flutter model
led to the present study in which the required aerodynamic parameters were obtained
from static aeroelastic calculations (fig. 8) incorporating FL022 aerodynamics (ref.
13). Pressure distributions were thus computed for the aeroelastlcally deformed wing
at a given Mach number, several angles of attack, and an initially chosen dynamic
pressure. Since experimental flutter data were available, the Mach numbers and dynamic
pressures were taken to be those for the measured flutter points. The calculated
pressures were integrated to generate spanwise distributions of section lift and
pitching-moment coefficients. These coefficients were then spline fitted as functions



of angle of attack, and the spline curves were analytically differentiated to produce
section lift-curve slopes and moment-curve slopes (and hence aerodynamic centers) for
the angles of ittack at which the flutter data oere measured. The spanwise
distributions of section lift-curve slope and aerodynamic center were Input to the
modified strip analysis to generate generalized aerodynamic forces for use in the FAST
flutter-analysis program (ref. 19). The resulting flutter dynamic pressure could then
be used to modify the dynamic pressure input to the static aeroelastic calculation and
the process iterated to produce flutter and static deformation (and associated pressure
distributions) for the same (matched) dynamic pressure.

The FLO22 finite-difference code (ref. 13) implements a nonconservation form of the
full potential equation. It was employed in this investigation because it had been
previously incorporated into a static aeroelastic analysis (ref. 20) and previously
used by the present first author in some unpublished calculations of the type presented
here but for a different supercritical wing.

RESULTS AND DISCUSSION

For all of the flutter calculations made with aerodynamic parameters from FL022, the
Mach number, angle of attack and mass ratio for the experimental flutter points were
essentially duplicated. As in reference 3 and 5, six measured natural modes of
vibration were used in all flutter calculations. In figs. 9 and 10, the results are
compared with the previously shown experimental flutter points and with the flutter
boundaries calculated with the experimental aerodynamic parameters described previously
(e.g., figs. 4 and 5, see also ref. 5). Note that the present calculations have been
limited to the subsonic side of the transonic dip. Investigation of the subsonic side
was considered to be sufficient to Indicate the occurrence, character, and causes of
the backward-turning transonic dip.

Calculations for Design Shape of Wing

An initial set of aerodynamic (FL022) calculations was made for the wing deformed into
its design shape and treated as rigid. The spanwise distributions of section
lift-curve slope and aerodynamic center thus obtained were used in some initial flutter
calculations. The resulting nondimensional flutter speeds VI are represented by the
diamond symbols in figs. 9 and 10. For zero angle of attack (fig. 9(a)), the
calculated flutter speeds are in good agreement with experiment and differ very little
from those obtained with the experimental aerodynamic parameters for (normally) the
design shape. At . = I deg (fig. 9(b)), .he agreement is again good at the lowest
experimental Mach number and mass ratio, but the calculated points become progressively
unconservative as mass ratio increases to 547. It is important to note, however, that
the backward turn of the flutter boundary is clearly indicated by the three calculated
points, thus indicating that varying aeroelastic deformation is not essential to
produce this behavior. Instead, the backward turn shown here is caused by the
indicated variation in mass ratio. If the three calculated points are compared on the
basis of a constant mass ratio, say xr 

= 
450. (results not shown), no backward turn

appears. Results that are qualitatively similar to those in fig. 9(b) for 1 = I deg
are shown in fig. 9(c) for . = 2 deg.

These progressively more unconservative predictions of flutter-speed index as mass
ratio increases were anticipated from these calculations in which static aeroelastic
deformation was neglected. Consider the experimental flutter boundary shown in figs.
9(c) and 10 for the flexible flutter model. As mass ratio increases, the flutter-speed
index (and hence flutter dynamic pressure) decrea:es. As dynamic pressure decreases,
static aeroelastic deformation (notably wing washout) diminishes, and section
lift-curve slopes increase, especially over the outboard sections of the wing. As
section lift-curve slopes increase, flutter dynamic pressure and flutter-speed index
decrease. In other words, as mass ratio increases, diminishing static aeroelastic
deformation of the flutter model contributes to lower flutter-speed index, and that
effect is not included in the calculations for the rigid design shape (figs. 9(b) and
(c) and fig. 10). Moreover, static loads and deformations and their effects should
increase with increasing angle of attack, and the effects just described are indeed
observed in figs. 9(a), (b), and (c) to become more pronounced as angle of attack
increases. In fact, the effects of static deflection appear to be negligible at zero
angle of attack (fig. 9(a)).

In fig. 10 the experimental and calculated transonic dips in fig. 9(c) have been
enlarged and the calculations extended to show the bottom portion of the dip which has
been calculated by use of the mass-ratio variation for a = 2 deg shown in fig. 7. The
latter, in turn, is consistent with the bottom portion of the dip faired through the
experimental flutter points. These calculations for the rigid design shape show
clearly that the unconventional backward-turning transonic flutter boundary is caused
by variation in mass ratio and not by static aeroelastic deformation, Accuracy in
predicting this kind of dip, however, does appear to require consideration of static
deformation.

Calculations for Flexible Wing

When the wing is treated as flexible in the static-aeroelastic portion of the
calculation procedure shown schematically in fig. 8, the "initial shape" input to the
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"aeroelastic FL022" iterative calculation of pressures and deformations may be the
undeformed shape or. if available, a better approximation to the aeroelastically
converged shape. If the latter is used, however, it is still necessary to input the
undeformed shape ("jig" shape) of the wing into "aeroelastic FL022" so that the
calculated deformations may be added to it in order to obtain the output deformed shape
and associated pressure distribution. Since jig-shape measurements for the TF-8A
flutter-model wing were not available, a jig shape was calculated by subtracting from
the design shape the deformations caused by the load distribution on the design shape
at the design condition (M = 0.99, CL - 0.37).

For the flexible wing the experimental flutter dynamic pressure was input to the static
aeroelastic calculation (fig. 8), and a single pass was made through the computational
sequence. Although the outer q-loop has not been closed at this time, the accuracy of
the calculated results (triangle symbols in figs. 9(a) and (b)) is well indicated by
comparison of the calculated and experimental flutter points. Since the experimental
flutter dynamic pressure was input, perfect agreement between calculation and
experiment would be indicated by the same flutter dynamic pressure being calculated in
a single pass through the outer loop. It is evident in figs. 9(a) and (b), however,

that the inclusion of structural flexibility in combination with FL022 leads to
excessively high flutter speeds. This result was not unanticipated.

For the higher Mach numbers and higher loading conditions potential-flow methods,
including FL022, characteristically produce shockwaves that are too strong and too far
aft. Moreover, once the shock has moved aft, it exhibits very little further movement
with changes in angle of attack or deformation and hence generates little further
change in section lift-curve slopes and aerodynamic centers. Thus, for example, in the
present calculations of loading (and hence deformation) at the design condition (M
0.99, CL  = 0.37), calculated C was considerably higher and C was considerably

lower than corresponding experimental values (from ref. 16). These aerodynamic
deficiencies raise doubts concerning the accuracy of the calculated jig shape. In
addition, the low values of calculated lift-curve slopes also contribute to the
excesively high calculated flutter speeds shown in figs. 9(a) and (b).

In contrast, the wing in a physical (viscous) flow will experience shocks that are
weaker and farther forward. Consequently, as flutter dynamic pressure decreases into
the transonic dip, the flexible wing deforms less and less, the outer wing sections
assume higher local angles of attack, as previously described, shocks strengthen and
migrate aft, and the effective section lift-curve slopes increase. This effect of
diminishing deformation thus contributes to a still lower flutter dynamic pressure.
Since this behavior is not accurately obtained from FL022, it is evident that, as
expected, accurate flutter prediction will require the inclusion of viscous effects on
shock strength and location. Static aeroelastic and flutter calculations are in
progress with the FL022 code replaced by the FL030 code (full-potential,
conservation-form, finite-volume code) (ref. 21), including a coupled boundary-layer
code (ref. 22) in order to address the current deficiencies.

CONCLUDING REMARKS

Modified-strip-analysis flutter calculations have been made for a supercritical wing
with sigh design Mach number using aerodynamic parameters obtained from the FL022
full-potential-flow code for the design shape (rigid) and for the aeroelastically
deformed wing at approximately the flutter dynamic pressure. The unconventional
backward turn of the transonic flutter boundary found experimentally at nonzero angles
of attack was also calculated with aerodynamic parameters for the rigid design shape
and was shown to be caused by variations in mass ratio. Quantitative accuracy in
predicting this kind of transonic dip, however, appears to require consideration of
st. tic aeroelastic deformation. Inadequacies of the full-potential code at the high
subsonic Mach numbers involved led to excessively high calculated flutter speeds for
the flexible wing resulting from (1) poor definition of jig shape from the design
shape, and (2) low values of section lift-curve slopes and aftward locations of section
aerodynamic centers (relative to experiments) caued by excessively aftward shock
locations that changed little with changes in an te of attack. The present methodology
is valid, but accurate flutter predictions will require the inclusion of viscous
effects on shock strength and location, at least for the wing used in this study. Such
calculations are in progress.
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Fig. 1 - Supercritical wing flutter model
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WING DIVERGENCE OF TRIMMED AIRCRAFT

LI. T. Niblett
Royal Aircraft Establishment,

Farnborough, Hants, GU14 6TD, England

SUMMARY

By means of a simple theoretical model it is shown that wing divergence of a free

aircraft can be defined using the static case of trimmed level flight. The same model
also shows that the control angle per Ig' goes to zero at a speed near the fixed-root
divergence speed and that there is a large change in the spanwise distribution of airload
in going from a low speed to speeds above that of fixed-root divergence.

LIST OF SYMBOLS

A,B,C square matrices defined in section 3.1

a1  dCL /ds for both wing and tailplane

b defined after Eq.(2-10)

c wing chord

f column matrix of generalised forces defined in section 3.1

GJ torsional rigidity of wing

Z semispan of wing

n centrifugal acceleration 4 g

qe generalised coordinate of rotation of tailplane about its aerodynamic axis

q h generalised coordinate of heave of aircraft

qp generalised coordinate of pitch of aircraft

qt 7  generalised coordinate of wing torsion in mode of fixed-root divergence

qt2 generalised coordinate of wing torsion in mode of free-free divergence

S wing area

S t  tailplane area

s ratio of tailplane area to wing area

V airspeed

V0  fixed-root divergence speed

W weight of aircraft

4weight of wing as fraction of weight of aircraft

nominal incidence of rioid aircraft for level flight, W/oV 2Sa1

scaled spanwise coordinate of wing

n T scaled spanwise coordinate of tailplane

tAc distance aerodynamic centre of wing is aft of aircraft cg

tTc distance aerodynamic centre of tailpiane is aft oi dircralt cq

&ac distance aerodynamic centre of wino is aft of wing flexural axis

ic distance inertia axis of wing is aft of wing flexural

ratio of A to iT

air density

U airspeed as a fraction of fixed-root divergence speed

I INTRODUCTION

Until serious consideration was given to sweptforward wings, little work had been

done on wing divergence recently for, with thp coming of transonic flight, straight wings

were replaced by sweptback wings and these do not suffer from divergence because their

flexural distortion reduces the local incidence, especially towards the tip, and usually

this reduction dominates the destabilising effect of torsion. So most sweptback wings

have no (real) divergence speed and divergence was something read about in textbooks.

The local incidence of a sweptforward wing built of isotropic materials is increased

by the distortions in both flexure and torsion and c-nsequently the divergence speeds of
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such wings when their roots are encastered (FRDS) tend to be low. Divergence speeds can

be increased by the use of anisotropic materials, which give structures that twi,t under

flexural loads and vice versa, but present indications are that the divergence speed of

a sweptforward wing is likely to be nearer flight speeds than is the case for other wings

and, although not prohibitively low, might still be critical.

The practical significance of the FRDS can be called into question; for in trimmed

flight a wing will pitch as well as twist and bend, and will not suffer divergence until

it reaches a speed much higher than the FRDS. In the past it has been the practice to

keep aircraft speeds well below their FRDS, even though the root constraint seemed

unrealistic, on the grounds that the distortions of an aircraft at speeds near its FRDS

would be large. However because divergence speeds were very high this restriction did

not really matter. Now that there is a possibility that divergence speeds might be

significantly nearer flight speeds, the simple calculations described here have been made

to obtain some measure of the aeroelastic effects which are likely to accompany free

flight near the FRDS and to confirm or deny the need to retain this restriction.

The reason for the study is the current interest in aircraft with sweptforward wings

but the essentials of the phenomena are also exhibited by unswept wiigs and for simplicity

the rectangular unswept wing has been studied. In the absence of sweep the flexural flexi-

bility of the wing can be ignored and the inclusion of a second torsion mode, appropriate

to free-free divergence, does not make the number of equations excessive. Rigid-body

degrees of freedom have to be added. It is quite common to add only the rigid body mode

of pitch about the aircraft cg in free-free divergence calculations but this seems unduly

restrictive and here heave and pitch, the rigid-body freedoms necessary to give the

equations describing an idealised pull-out were added. Some means of trimming the air-

craft had also to be included and for this a rectangular rigid tailplane mounted on the

rigid fuselage through a spanwise hinge at its quarter chord was chosen.

T- section 2 of the paper the equations describing an idealised trimmed pull-out, of

which level flight is a special case, are obtained by the principle of virtual work. Sgme

of the aerodynamic effects usually included in stability and control calculations have

been omitted but it is believed that they are of minor importance in the present context.

In section 3 these equations are solved for the symmetric free-free divergence speed,

which has been taken to be the speed at which the amplitude of the coordinates in the

trim equation become indeterminate, and for the rigid- and flexible-aircraft trim cases

in ter.-s of tailplane angle per 'g'. At speeds near the FRDS the angle of pitch of the

aircraft is small and most of the lift is the result of torsional distortion and, prompted

by this, the changes in the flexural and torsional moment distributions with speed have

been calculated. Because the torsional moments could be calculated in two different ways

these calculations also provided a check on the adequacy of the semi-rigid representation.

Finally the results of all the calculations are discussed in section 4. It is con-

cluded from the solutions of these equations that an 'unaugmented' aircraft flying at

speeds near the fixed-root divergence speed of its wing will suffer low values of control

angle per 'g' and further that the distribution of incidence across the wing will vary

considerably with speed.

2 FORMATION OF PULL-OUT EQUATION

2.1 Generalised coordinates

The equations are those for an aircraft, consisting of a rectangular wing, a fuselage

and a rectangular tailplane (see Fig 1), at the bottom of a shallow pull-put. Both the

fuselage and the tailplane are rigid and they are included as a simple source of trimming

moment for the aircraft. Because the efficiency of the tailplane is not of interest, its

aerodynamics can lack detail; the lift slopes, dCL/da , are taken as identical for wing

and tailplane and the tailplane is unaffected by wing downwash. Also the axes of rotation

and inertia and the aerodynamic axis of the tailplane are taken as coincident to avoid

complications of the equations that would have little effect on the final result. Further
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assumptions are that there are neither thrust nor drag forces on the aircraft and that the

momert coefficient of the wing is zero. Let the speed of the aircraft be V and the

radius of the pull-out be r . If the upward centrifugal acceleration of the aircraft is

ng , its nose-up pitching velocity is given by

nq (2-1)V

Take the generalised coordinates of the displacement of the aircraft to be

qh - heave of the aircraft in wing chords

qp - pitch of the aircraft about its cg

qe - rotation of the tailplane about its aerodynamic axis
- torsion of the wing about its flexural axis in the mode1 appropriate to fixed-root divergence
- torsion of the wing about its flexural axis in the mode

2 appropriate to free-free divergence.

Take linear displacements as positive downwards and angular displacements as

positive nose up.

qtl and qt 2 , the wing torsion coordinates, are the only coordinates which involve

the flexibility of the aircraft. The axes used are earth directed being fixed in orienta-

tion relative to the earth but moving relative to the earth with the speed of the aircraft.

2.2 Virtual work and strain energy

The upward lift on a small chordwise strip of the wing is

Lw = iQVSa1 (qp * sin I,• qt. + (1 - cos 22,)qt2

where p is the density of the air, S is the area of the wing, a 1 is the dC L/d.

of the wing and n is the scaled spanwise coordinate which is zero at the root and unity

at the tip of the wing. The lift due to the wing's velocity in pitch has been ignored.

sin h,= and 1 - cos -n are respectively the shape functions of the distortions at

fixed-root and free-free divergence of a uniform wing.

A virtual displacement of the aerodynamic centre of the wing can be written

= h + 6 a(sin - . qt1 (1 - cos - )q t2) (2-3)

where c is the chord of the wing, ctA is the distance the aerodynamic centre of the

wing is aft of the aircraft cg, and c[a is the distance the aerodynamic centre :f the

wing is aft of its flexural axis.

The upward lift on a small chordwise strip of the tailplane is

L T = isv 2 s aIqp + q T 7p)\rT (2-4)

where ST is the area of the tailplane, a1  is dC L/d , c T  is the distance the

aerodynamic centre of the tailplane is aft of the aircraft cg, T is the scaled spanwise

coordinate which is zero at the root and unity at the tip of the tailplane. The lift due

to the taiplane's velocity in pitch has been ignored but that due to its velocity in heave

is included.

A virtual displacement of the aerodynamic centre of the tailplane can be written

!zT  c(q h  T6qp) . (2-5)

The a,-rk done by gravity and centrifugal force in a virtual displacement can be

written

F~q = (n + 1)cW {qn 
+ 
w I sin ian . dn . qt (I - cos n)dn qt 2

0

...... (2-6)
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where W is the weight of the aircraft, w is the weight of the wing as a fraction of

the weight of the aircraft and c i  is the distance aft from flexural axis to inertia

axis of the wing.

The increase in the strain energy of the wing due to virtual displacements in the

torsion modes is given by

2

E6q ( ( GJS-
1
c cos jrn. q 2 sin un . qtc in .6% - 2 sin .6q )d

2, f( ... 2so n o.0- 
t

...... (2-7)

For later convenience the substitution

2 (,)2
ipVD Sa1 6 a  = 

2 
GJS (2-8)

is made. It will be shown later (see Eq.(2-10)) that, when (a is negative, V D  is the

FRDS.

2.3 Assembled equation

At equilibrium the total work done in a virtual displacement is equal to the increase

in the strain energy, ie

L6Zw + LT zT + Et q = Fq (2-9)

(Note that in Eqs.(2-2) and (2-3) etc the lift and linear displacement are positive in

opposite directions.)

The separate equations for the work done in the virtual displacements 5qh 'q ,

6qt I and ,qt2  after evaluation of the integrals, give the matrix equation

i 2Sca jIs s[II'I [21 11 q~ = W n+I n

[A+~S rj [Jg - nbrT

- 1 0) - - - - - - -K - - -) 16 -2 -n -2/uu - - - -

u-- 1(-2.3 11q n 1 (210)

...... (2-10)

where s = ST/S I

b = ioSTca 1 CT)g/W)

= V/V
D

The elements of the first row of the square matrix are the lifts on the aircraft

due to pitch, tailplane rotation and the two torsion modes. Those of the second row are

the moments of these lifts about the aircraft cg. The third and fourth rows give the

generalised aerodynamic forces on the wing due to pitch and the torsion modes - the force

due to tailplane rotation is zero in the last two rows.

The FRDS (qh = q = 0) is the lower of the speeds at which the determinant of the

bottom right 2 x 2 matrix is zero. This is u = I (V = VD ) and the fundamental divergence

mode is that associated with qt1 , ie sin un . The highe- value of u is 3.1 which

is quite a good approximation to the exact value of 3 corresponding to a mode of sin -

3 SOLUTIONS OF PULL-OUT EQUATIONS

The first particular solution of Ea.(2-10) is for the free-free divergence speed.

3.1 Free-free divergence speed

Eq.(2-10) can be written



Aq ;f (3-1)

where 5 = W/pV 2SaI

If q B4 we can write

ABq Cq (say) 3f (3-2)

and if

BI
= 

1a[ 2/ -1 (3-3 )

101 I

from Eqs (2-10) and (3-3)

It can be seen from .(3-4( that the matrix C is sin(-lar when 4 2 because

then its last column is null. Thus the free-free divergence speed is twice the FRDS.

q4is the generalised coordinate of the mode of divergence and, from Eq. (3-3),

{qpqe~tl~t2
)

= {-1,1,0,1}q 4 . Thus at divergence the absolute incidence of the wino

is cos *n , that of the tailpiane is zero and overall there is no lift on the aircraft.

There is another value of u for which C is sinoular (and for which the bottom
riht submatrix of C is singular) which is 5.5. Not unexpectedly, this is not a good

approximation to an overtone divergence sped; the mode of overtone divergence is

cos 2-, and the correct speed is four times the FODS.

3.2 Rigid aircraft

We show that Eq.(2-10) gives the usual results for a rigid aircraft by putting qtj

and qt2  equal to zero. This reduces the equation to

A ST s - nb (3-5)

If we premultiply Eq.(3-5) by IT -1 ] and put A /ET = we get

qp - { -' nfrom which+S 
,ejn

qp . (n + 1); (3-7)

=qe F (n I 1) ( s)]

sq = (I - ) + nb

Now + s s ( & A 
+ 
SCT)/&T) is the (scaled) cq margin of the aircraft and will be

positive if the aircraft is stable. I - 4 will also surely be positive and so the
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tailplane angle, relative to the fuselage, will be negative in level flight and the

necessary negative angle will increase with increase of normal acceleration.

3.3 Distortions at fixed-root divergence speed

When the aircraft is flying at the FRDS Eq.(2-10) becomes

-+ s s I ( I[21 1 [q p  n + 1 - nb . (3-8)

[A + SCT ST q [e - nb T

1i 01 [ 0 Uq n,111)l /a

0 qJ (n +1)w( a

From the third row of this matrix equation we have immediately that

<i
qp = (n +1 wa (3-9)

Typical chordwise positions of the aerodynamic centre and inertia axis of the wina,

aft of its leading edge, are 25% and 45% respectively. The flexural axis is likely to

lie somewhere between 35% and 40% and so - li/Ia is likely to have a value in the ranqe

0.3 to 1.0. The wing weight, w , will be of the order 0.1 and T, which is the ratio

of the cg margin of the wing alone to that of the tail alone, will be small. Thus

w( i/t a ) will be negative and probably greater than -0.1. Hence the pitch angle will be

small and negative at the FRDS and this will be so whatever the value of n . The lift

on the wing will be due almost solely to the incidence in the torsional distortion mode.

From the third and fourth rows of Eq.(3-8)

qt 2 = 0 (3-10)

Notice that qt 2 would not be zero were not the spanwise distributions of lift due

to pitch and weight identical, (at1 p/at2P) = (ft1 /ft 2 ) .

Making use of Eqs.(3-9) and (3-10) we can replace Eq.(3-8) by

71] F / :1 =T n nbl sL1  p (3-11)

(n + l - l - 5] w(i/aj

On premultiplication by - Eq.(3-11) becomes

(1 - I (n + 1) - -( - T) sw a1 (3-121

l)5 2/nj q. ( - ( 0  sw +

The w( i/a) term, present in the above equations, brings the effect of the weight

of the wing and the position of the inertia axis into account. In the determination of

the FRDS the only loading on the wing is the aerodynamic moment about the flexural axis.

But in the present case the wing is also loaded by its inertia under normal acceleration

and if the inertia axis is downwind of the flexural axis (li > 0), as is usually the case,

this loading will augment the distortion due to the aerodynamic force, increasing the lift



still further. To counteract this extra lift the aircraft will fly in a pitched-down

attitude at the FRDS (see Eq.(3-9), remembering Ca < 0 )'

If the wing is light and near to being mass-balanced about its flexural axis the

effect will be small and hereinafter, in the interest of simplicity, it will be taken to

be negligible so that Eq.(3-9) is replaced by

qp 0 (3-13)

and Eq.(3-8) by

(1 - S q(e2/j~ ] =(n ,1)_1~ (1 b (3-14

3.4 Tailplane angle per 'g'

The tailplane angle per 'g at the EROS can be derived by the differentiation of

Eq.(3-14) with respect to n and is given by

-(dqe5  1 I - -
s(1 - dn D _ _ -+ (1 (3-15)

which can be compared with the tailplane angle per C for an identical but rinid aircraft

derived from Eq.(3-7) as

s(1 - 4e) =-Ss*6 (1 - T)bt (3-16)
dn 0

Thus the fractional reduction in tailplane angle per 'a' in going from low speeds

to the FRDS is (1 + ( + (I - c)b)/s} . b (Eq.(2-10)) will be small when the mass

density ratio ()gSc/W) , the tail volume (s T  and a, are small. T will be small

when the tail-off cg margin is small. Thus it is likely that the tailplane angle per 'a'

is small at the FRDS. Evaluations have been made of the speed at which this derivative

becomes zero for a number of recent aircraft without wing-mounted engines and it has been

found that it varies between 95% and 115% of the FRDS. It therefore appears that an air-

craft flying near its FRDS will be very sensitive to tailplane angle.

3.5 Torsional and flexural moments

The spanwise torsional moment distribution can be obtained both from the external

loads and from the internal forces. Because the solution is not generally exact, these

two distributions will not generally be identical; but if they are identical then the

solution is exact for that particular case. Generally the distribution given by the

external loads will be the more accurate because it depends on the integral of the shape

of the total-incidence mode rather than the first derivative of the shape of the torsion

mode.

The incidence of the wing at the FRDS is (n/2) sin 4 n times what it would be were

the wing rigid and the incidence constant. The local torsional moment on a riqid wina

varies as 1 - n whilst that at the FRDS varies as cos 'r . Thus the torsional moment

on a flexible wing will be greater than that on a rigid wing over the whole span. The

spanwise variations of torsional moment have been calculated for a number of airspeeds and

are compared for a number of values of u
2 

up to 2 in Fig 2. The exact torsional moment

at the wing root is determined solely by the total wing lift and the distance between the

flexural and aerodynamic axes and the factor used in normalising the moments is such that

this root value is unity. The proportional increase in torsional moment over that experi-

enced by a rigid wing is greater over the outboard part of the wing. It is 50% greater

over most of the outer half at the FRDS and 100% greater over most of the outer third when

the speed is 22j% higher. The differences between the moments evaluated by the two methods

were never greater than a few per cent and, in particular, the moments for the FRDS are

exact.



The spanwise flexural-moment distribution can only be obtained from the external

loads because the wing has been taken to be rigid in bending. It is given by integrating

the shearing force distributions which are identical to the torsional moment distributions.

Hence the bending moment on a rigid wing varies as j(1 - n) whilst that on a wing at

its FRDS varies as (2/-) (1 - sin isn) . As was the case for the torsional moment the

bending moment on a flexible wing is greater than that on a rigid wing over the whole

span. The percentage increases in the local bending moment due to flexibility have been
J 2

calculated for a range of speeds, with w zero, and are given for values of v2 up to

2 in Fig 3.

Again the greater increases are over the outboard part of the wing. They are much

the same as those for the torsion moment - about 50% at the FRDS and 100% at a speed

22J% above. In this case however the root moment is alsc increased by 27% and 49%

respectively.

4 CONCLUDING REMARKS

The effects of wing torsional flexibility on a number of aircraft characteristics

have been studied with the aim of examining the significance of the FROS. Although a

simplified model has been used, the nature of the results is such that are relevant to

the practical case.

A study of the conditions in trimmed and level flight, which is a special case of

the pull-out, shows that the aircraft will become unstable near the FRDS. It appears

that, in practice, the instability often takes the form of an unstable short-period

oscillation at a speed some way below the PRDS 
2- 4

. The probability that the oscillation

can be stabilised by the fitting of a stability augmentation system working through the

controls is thought not to be of crucial significance because flight at speeds near the

FRDS will be discouraged for other reasons.

It can be shown that the tailplane angle per 'g' will be zero at a speed close to

the FRDS where extra wing lift can be obtained simply by increasing the amplitude of

the wing torsion mode without altering the trim of the aircraft. Also there is a speed,

which is just below the FRDS, at which all the wing incidence is due to distortion of the

wing, the aircraft does not pitch as a whole and so there is no common component in the

wing and tailplane incidences. Above this speed the rigid-body pitch component of the

incidence will be nose down. At speeds above the zero-pitch speed the direction of the

lift over the inboard part of the wing is downwards and the lift over the outboard part

has to be large enough to counteract this as well as to sustain the weight of the air-

craft. The increases in torsional and flexural moments caused by these changes in span-

wise loading distribution due to torsional distortion are probably of some practical

importance. The increases in the moments over the outer portions of the wing are the

greater and are of the order of 50% at the FRDS, 100% at 22j% above the FRDS and almost

200% at 40% above whilst being less than 25% at 70% of the FRDS.

From the above it appears that the problems of flight of a loaded aircraft at

speeds near its FRDS are not limited to the destabilisation of the 'rigid-body' short-

period oscillation which can be counteracted by feedback to control surfaces. The span-

wise variation of incidence over the wing will be very different at low and high speeds.

At its simplest, for a wing with no inbuilt twist, the incidence will nearly all be due

to pitch alone at low speeds but near the FRDS it will nearly all be due to the mode of

fixed-root divergence. This means an increase in the bending moment at the root by about

a quarter of the rigid-wing value rising to a half outboard. Twist can be built into the

wing but the change in twist between low and high speeds will always be present.
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SUMMARY

In a wind tunnel study on an aeroelastic carbon fiber fin/rudder model it is demonstrated how
structural design methods can be checked by experiment, beginning already in an early stage of the design
Linphasis was put on the static aeroelastic investigations, which become more important in high
perf'ormance A/C design.

Transonic measurements with a rigid balance based on piezo force transducers and an opto-electronic
delormation measurement method were successfully performed. It was tried to evaluate rudder efficiencies
Irom these aeroelastic measurements. A non-linear behaviour of the rudder based on geometrical coupling with
the fin box played an important roll in the test evaluation.

I. INTRODUCTION

Composite materials associated with structural optimization programs enable the designer to tailor air-
craft structures according to static aeroelastic and flutter requirements in addition to the classical weight
and stress constraints. An optimization with many constraints, however, makes the design process very complex.
In order to avoid mistakes in this difficult design process the structural methods have to be proved succes-
sisely beginning from early development stage by experiments. The classical means for this investigations are
models and wind tunnel testing. But the more sophisticated design methods are applied now, the more refined
models and experiments are required.

2. DESIGN PHILOSOPHY FOR AEROELASTIC MODELS

2.1 Similarity Laws

Opposite to aerodynamic wind tunnel models, which simulate only the geometry of the airplane aeroelastic
models have also to represent the airplane dynamics in flight. For this the stiffness distribution of the model
structure and its masses distribution must be similar to the airplane. The aerodynamic loads on the model were
simulated by the flow in the wind tunnel.The only difference between the model in the wind tunnel and the fly-
ing aircraft are scale factors (Fig. 2), which have to fulfill the following similarity laws:

Newton's similarity law for the mass forces
Cauchy's similarity law for the stiffness forces
Froude's similarity law for the gravity forces
Mach's similarity law for the compressibility of the test fluid
Reynolds' similarity law for the viscosity of the test fluid

The fact that aeroelastic models normally are tested in a wind tunnel limits the validity of the model
test results. The physics of the flow in the wind tunnel are different from those of the free atmosphere were
the A/C is flying. Due to limitations (power, cooling system ect.) the wind tunnel can only partially simulate
the atmospheric conditions of the flight envelope of the A/C.

As far as the fulfilling of the Reynolds similarity is concerned, aeroelastic models have the same
problems as aerodynamic models.



2 Model Layout and Scaling

The more similarity laws that have to be met by a model, the less free selectable scale factors exist
I his in turn complicates the design and the manufacturing of the model. Therefore it is wise to design
specialized aeroelastic models, which represent just those parameters of the A/C similar, which are of interest
for the investigation. Concerning test velocity one can distinguish betw.een low- and high speed models For Ics
,peed models the Mach similarity can be neglected because compressibility effects are not of interest
('onrcerning time dimension one can distinguish between static aeroelastic models and flutter models. Static
ar-elastic osodels are stiffness scaled models. The mass scaling can be neglected because only steady atid
,ua5isteady effects will be investigated with this type of models. This simplification, however, offers ne
icr-leastic testing capabilities. Because the mass scale can be neglected to same extent the model can be
c. tuiped with more transducers.This makes it possible to measure directly the elastified steady and unstead.
pre~rure distributions. Conventional aerodynamic pressure ploting models are assumed to be rigid and the
r-iued aerodynamics must be elastified by theory. Also efficiency tests are possible with stiffness scaled

[ie classical aeroelastic model, which is the flutter model, cannot be used for this test because too mans
,lrr installations would cause mass problems, A model structure cannot be built as efficient as a real A C
,tructure and normally it is difficult to fulfill the mass similarity. Therefore the 'payload' of a dy.namicoll'
s.caled mlodel is often very small

I or the selection of the length scale there are no general rules, but many restrictions are given by the
-n'd tunnel b lockage, dynamic pressure), the manufacturing,the material. and the model suspension The
.,'tling Af aeroelastic models is an iterativ process. tsat needs some skill and experience,

2 .\rioelastic Models of Optimized Composite Structures

. ,ncerning similarity laws there are no differences between models of conventional metallic
tructures and composite material structures. If a model simulates the stiffness distribution of a composite
tr.ileri.rl structure, the representation of the anisotropic character of the material is already included But
tht, t, not definite enough for the check of optimization parameters like main fiber direction and composition
,I the lasri,rate. Therefore it is best in our opinion to build the models with replica laminates of the A C
,iioctore. ]his, however, will not be possible for all details of the A/C structurebut hasing selected a
eaonable length scale, there should be always a possibility to build a replica of the main carrying structure
it least

In addition this design philosophy also offers the possibility to detect fabrication problems in advance.
because these models have to be built already in the predevelopment phase

2 4 An Example for a Carbon Fiber Model Design

Flr a transonic aeroelastic wind tunnel study, carbon fiber models of an aeroelasticaliy tailored fin and
nicdder cre designed and manufactured. According to the used optimization procedure. two different skins r ti,

fin box sere fabricated An example for the composition of the laminate and the fiber orientations, which are ih..
output of the optimization program is given in Fig. 4, To be able to build a replica of these skins, the length
scale and the design point of the model has to be selected carefully. As can be seen in Fig. 3 a, scale for the
io thickness, which is the most important scale for the replica design can be found from the similarity laws

This scale depends on length scale and pressure ratio of test fluid and atmosphere, and it gives
a small possibility to adjust the model design. The skin thicknesses of the A/C and the replica model
;tructure are mainly determined by the number of plies of the laminate if the contribution of the epox resin
is neglected. To meet skin scale requirements for the model, the number of plies has to be reduced in a say
tiar the percentages for the different fiber orientations of the plies within the laminate composition are
similar. Due to this constraint, the exact required model skin thickness cannot always be achieved. This
desiations can be adjusted by a proper selection of the pressure ratio. According to the reflections outlined
those, it was possible to design and manufacture the fin/rudder model depicted in Fig. 4. Fig. 5 shows some

design details.
the skins of the model were fabricated in a negative mold. The core of the model consists of expoxy-foam and
represents the honeycomb of the A/C structure. To avoid expensive machining the core was thermoplasicall-
formed by pressing the warmed foam together with the prefabricated skins in the mould. After manufacturing
the ribs and spars, also made from carbon fiber material, the model was glued together in the troll

I he metal parts of the models are the rudder and fin attachments. They are also replicas of the AC .,:

FS1 PROCEDURES TO SUBSTANTIATE AEROELASTIC DESIGN METHODS WITH MODELS

I General Aspects of Aeroelastic Model Tests

In -,or opinion the main purpose of aeroelastic models is to check

iathematical models for the structural dynamics
design tools and aeroelastic tailoring strategies
aerodynamic theories

I lie use of the model test results for certification is limited because the results are strictly valid only
for the design point of the model. However, having enough convidence in the calculations, checked by model
results the certification procedures for the whole flight envelope can be done by calculations. This combined
thearetical-experimental method was found very effective and helps to avoid mistakes.



3 2 Laboratory Testing

Before wind tunnel entry the model properties have to be checked by tests. In general, these are
ot'tlness and ground resonance tests. Assuming that the model has a replica structure and regarding the

simtilarity rules, the stiffness test results (influence coefficients) must be comparable to the stiffness
matrix of the mathematical A/C dynamics model.This is demonstratedin Fig. 6 for an example of the fin/rudder
model.
In this figure, the influence coefficients of two models, both Optimized with different type of laminates for
the same requirement, are compared to calculated values. It can be seen that two different optimization
procedures came to the same results.

The ground resonance test has a global check function. The measured eigenfrequencies and modes as well as
the generalized masses can be used to check the complete dynamics model of the A/C at v - 0 m/sec.

31 Wind Tunnel Testing

In the wind tunnel test the flying elastic A/C is simulated by an aeroelastic model. Consequently the test
oitls are apt to check and to update the mathematical dynamics A/C model including aerodynamics. With

,of Itess scaled models static aeroelastic effects and efficiencies were tested and the results can be used to
check and match the calculation. A new and very interesting application of stiffness scaled models is their use
as pressure plotting models. A stiffness scaled pressure plating model is spezialized to measure the air loads
and steady and unsteady pressure distribution on the elastic A/C. This is the only possibility to check the
"elastsfication" of the aerodynamic data set already in the predevelopment phase.

The classical dynamically scaled model is mainly used for flutter and active control investigations.
Flutter tests are comparable with ground resonance tests. Both tests simulate the complete equation of the
tathematical A/C model whereas the stiffness scaled model tests represent just a part of the equation.

I herefore the combination of both model types gives the best information for the substantiation of aeroelastic
tailoring strategies.

4 WIND TUNNEL MEASUREMENT METHODS

4 t Aeroelastic Measurement Methods

The classical measurement methods for aeroelastic investigations are quasi- and unsteady pressure
measurements vibration-, frequency- and damping measurements. But to substantiate modern structural design
methods these tests are not sufficient anymore. Especially for static aeroelastic investigations the air load-
and the associated deformations of the structure are of major interest.

The air loads of a stiffness scaled model, however, cannot be measured with a conventional wind tunnel
balance. Those balances use strain gauges as sensors and are elastic by definition and they would change the
model deformations completely.
-\so photogrammetric methods to measure deformations are complicate for wind tunnel applications. This
demonstrates that there is a need for new measurement methods for static aeroelastic investigations. Therefore
this report will concentrate on air load measurements with a rigid balance and on a simple opto-electronic
method to measure deformations.

4 2 General Remarks Concerning a *Rigid" Balance Based on Piezoelectric Force Transducers

In general, high rigidity of the balance is important in all cases when measuring steady and unsteady forces
for the following reason: high rigidity leads firstly to a high natural frequency of the entire system (balan-
ce, model) and secondly to low interference between the individual force components to be measured. Because of
these demands we used a balance which is based on piezoelectric multicomponent force transducers (Kistler
9()7). The high stiffness of the piezoelectric force transducers is caused by the fact that the necessary
me.isuring deflections are only a few micrometers, which is one or two orders of magnitude smaller than in the
case of strain gauge systems. In addition, the rigidity of the balance is further enhanced by using
tuiticomponent load washers. Thus the mechanical decoupling of the individual force component is superfluous.
In addition, a piezoelectric balance features a broad dynamic range of about 6 orders of magnitude for dynamic
measurements and nearly 4 orders of magnitude for quasisstatic measurements.

Concerning static measurements the suitability of a piezoelectric system is reduced because the exponential
decay of the charge with time constants of 103 to 106s, and fault currents in the charge amplifier that cause
the zero point drift. But these restrictions are only significant when measuring small forces (i.e. small
chatges) or when the measuring time is very long.

On the other hand it is possible to reduce the error caused by the zero shift by applying a simple
correction procedure. Our experience from measurements in a high-pressure wind tunnel (Ref. 3/4), the 3 x 3 m
low-speed wind tunnel, and the present measurements show that the accuracy is sufficient for a wide range of
aerodynamic force measurements.

4 3 Description of the System Used for the Fin/Rudder Tests

The balance used in this test was manufactured by Kistler Instruments,it is a modified version of the
"3-component dynamometer Type 9265". This force plate was orginally designed for measuring cutting forces on
machine tools (turninggrinding).

L
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Fig 9 illustrates the main components of such a force plate. Four 3-component force transducers (B),

uhich, have the form of washers. are prestressed by elastic bolts between two rigid steel plates. One plate,

which acts as a base plate (A) is fixed to the wind tunnel wall, while the test model is attached to the second
force-conducting top plate (C). Thus the shear forces On the load washers can be transmitted by friction. The

assembly of the multicomponent force transducer is illustrated in Fig. 10. The four load washers deliver twelve

sisnals, the proper combination of which allows in principle all six components of the resultant force and the

moment to be determined with respect to the geometric midpoint of the four elements. For 3-component

measurements of the drag, lift and pitch moments, only shear forces on the load washers are required. Since the

senitiisY of all elements to the shear forces is nearly equal, related components can be wired electricafl

poarialel and routed to a charge amplifier (Kistler 5007).

the following signals were added by parallel X1 + X4- Xt 4/; X3 + X2z= X,3,, Y1 + Y2 = Y'f/2 and

*Y = Y413. Thus four signals are produced for a 3-component measurement. The sum of all x -component,

swlis the total X (drag force) and the sum of all y -components the total Y (lift) The pitch moment M can

1,o obtained bs the appropriate differences M IV (XV41- X 
3/2 ) + (412 - Y/qj 

)
. The four signals fed into

oregiating digital voltmeters were coupled via an IEC-Bus to 3 computer which calculates the forces and the

rrit correction, We used the following drift correction procedure. The readings of the voltmeter and

the corresponding time were stored at every measuring point. Knowing the location of the zero point before

flow speed u - 0) and after the measurement, where she flow speed is zero again, we computed the correction

lor every point in time by linear interpolation. The assumption of a liner drift is justified because the shift

of the zero point is dominated by the fault currents in the charge amplifier and not by the exponential deca,

lf ihe charge.
In case that the application of force is inside and at a maximum distance of 0.1 m above the top plate the

iaimum load may be 15 kN while the threshold for dynamic measurements is as low as 0.01 N.
I he interference between both components X and Y is lower than 1% Because of the high rigidity of the quart,
elements themselves, the natural frequency is mainly determined by the stiffness of the top plates of the
balance.

Tie balance was calibrated with weights in quasistatic mode. Since balances based on the same type of
p1ecelectrc load washers have similar properties. Refs. 3. 4 may be consult for more details. In these
rteftrences. the basic aspects of the piezo measuring technique, the force transducers, catlibration tests and
futher applications are described.

I I Deformation Measurements in the Wind Tunnel

4 .4 Principle of the Opto-electronic Method

For deformation measurements in the laboratory the transducers are connected with or, in case of touchles
'nsors, very close to the test specimen. In the wind tunnel this technique cannot be used. In order not to
.lesturb the flow, the measurement must be done either internally in the model or from outside of the wind
tunnel test section. At MBB an opto-electronic method was used, which measures the model deformation from
outside of the wind tunnel. This method has the advantage to be applicable also for very small and solid
.enilsnamic models. The principle of the measurement is depicted in Fig. It. For the measurement an illuminatl

.aice point on the test specimen is focussed by a tens on a CCD Sensor (Charge Coupled Device). This sensor is
.i array of photosensitive elements (pixel) is used for digital image sensing. A computer connected to the
,ensor electronics dedects the pixel, on which the light, of the target is focussed. When deforming the
'tructure of the test specimen the light of the target point is focussed on another pixel. The travel of the
Icossed ray is in first approximation proportional to the deflection of the test specimen. The precision of
uh a measurement is at the present state of our developement below 0.1 mm. This system can onto measure

dellections in the plane perpenticular to the specimen as can be seen in Fig. 1 t. The accuracy of the
measurement method can be deteriorated by vibrations of the tunnel wall mounted CCD sensor and refraction
eltI.cts due to density variations in the air flow. The refraction effects cannot be excluded by calibration
bea use calibration can only be done at zero airspeed in the tunnel. But this refraction and vibration effects
cere found to be small. Some problems may be caused by light reflections on model and tunnel wall. which cau,
noise in the sensor signal.

4.4.2 Description of the Deformation Measurement System for Wind Tunnel Application

For an effective wind tunnel application of the described opto-electronic method some modifications and
improiements were necessary. To be able to check structural design methods it is favourable to measre the
deflections of a set of points comparable with the grid of the mathematical model. To reduce the number of CC[)
sensors and associated cameras and electronics special lenses were used, which were able to focus the light of
3 target points on one sensor. Thus, the deflection of 9 points could be measured with just 3 CCD sensors as
depicted in Fig.12. The main problem, however, was to install tiny light points with high emitting intensity on
the orodel without changing the stiffness characteristics of the model. High light intensity was necessary to
achieve a reasonable signal to noise ratio for the CCD sensor signal. This problem was solved by installing
optical fibers of 2006am diameter inside of the model. The shining end of the optical fiber penetrates the
model skin at the centre of the target point to be measured. The other end of the fiber is connected to a
powerful light surce as can be seen in Fig. 12. For this prototype test installation of the measurement system
also computer software for data reduction was developped and applied successfully.

During wind tunnel test of this system it was found that the measurements were performed fast and the
sysleer was simple to handle, which is necessary for industrial wind tunnel testing.
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STATIC AEROELASTIC TESTS IN THE TRANSONIC RANGE

5,1 Test Objectives

The main objectives of the wind tunnel test were to measure derivatives of an aeroelastic fin and rudder
tsodel associated with the deformations of the model structure. From this measurements the rudder efficiencies
should be extracted. Flutter investigations were only done to a small extend, because flutter of this optimized
It isas predicted outside of the wind tunnel performance.

52 Description of the Test Set Up

The sensor installations of the carbon fiber fin/rudder model is given in Fig. 13. At the tip of the fin
two accelerometers were mounted for flutter monitoring. At 3 sections 3 light points for the deformation
measurements mere installed. Strain gauges were glued at the middle and rear fin attachment to measure the root
moments.

The rudder is attached to the fin with 3 hinges. It is driven by a hydraulic actuator, which is connected
to the rudder with a spring element, soft in bending and a scaled torsional stiffness. The spring element is
also equipped with strain gauges to measure rudder hinge moments. To sense the "rigid" rudder angle, a position
sensor %as installed at the root rip close to hinge line. With the help of this sensor the
actuator flexibility could be excluded.

Fhe model was screwed on the piezo balance, which in turn was rigged as stiff as possible on the wind
tunnel floor. To improve the boundary layer conditions for the model a ground board was also installed as
depicted in Fig. 13.

3 Static Aeroelastic Test Program for the Fin/Rudder Model

Ict model configurations were tested in the wind tunnel:

Configuration I:
I tn incidence 0 - 0" rudder angle s variable from - + 5 so - -

Ctonfiguration It:
Fin incidence& variable from R= + 3' to3= - 3' and rudder angle;Z= 0."

Fhe tests were performed at Ma - 0.7, 0.9, 1.2 at variable dynamic pressures.

For both configurations the lift, the drag and rudder hinge moment were measured as functions of the
dlsnamic pressure. The model deformations under steady air loads were measured for various load cases too.

5.4 Test Results and Comparison with Theory

54.1 Measurement of Air loads and Efficiencies

Some results of the balance measurements are depicted in Fig. 14/15. The measured lifts and hingemoments
as functions of the rudder angle (fin incidence) and the dynamic pressure look reasonable. In a follow on
effort the efficiencies of the fin and rudder were evaluated from the load measurements. The efficiency here is
defined as the ratio of flexible to rigid derivatives. Because the rigid derivatives cannot be measur-d with a
flexible model by definition, it was tried to find the rigid derivatives by extrapolation of the flexible
'alues. For this the evaluated elastic derivatives were plotted vs the dynamic pressure. This curve was
extrapolated to zerodynamic pressure assuming that this would be the rigid value because at very low dynamic

prcssnte the deformation of the structure will be also very small. This extrapolation is shown in Fig. 16.

, roe alizing this curves with the "rigid" values will give the efficiencies.These curves, however, are
,oipletel different from the classical efficiency curves. To clear this, the extrapolated "rigid" derivatives
"ee cottpared with the calculated derivatives and it was found that the experimental values are too low. The
tolttitnir. for this gave the results of the deformation measurements.

42 Deformation Measurement Results

Fig 17 gives an example for deformation measurements for high and low airloads as well. Analyzing the
rudder deformation due to the air loads it can be seen that for high airloads the rudder angle at the tip is
..,nstderably higher than at the root. That means that the mean rudder angle is higher than the commanded angle
at ise toot But the reference for all measurements is the commanded rudder angle. This is also the explanation
for efficiencies 1.0 at high dynamic pressures. The twist of the rudder, which leads to this high
effiiencies is caused by the bending of the fin box in conjuncton with the actuator and hinge positions. It
is a kind of geometrical coupling.

The too small values of the extrapolated "rigid" derivatives can be explained by another elasti: effect.
In Fig. 17 the deformation of fin and rudder at low dynamic presure is also given. In this case the rudder
behaves as generally expected and the angle at the tip is smaller than the commanded angle shown at the root.
In Fig. 18 these two effects are depicted in another diagram, which compares the commanded rudder angle with
the angle at the rudder tip. This picture shows a very non-linear behaviour of the rudder, which can only be
found using stiffness scaled models instead of classical aerodynamic models. This example also demonstrates
clearly the necessity of deformation measurements in aerodynamic and aeroelastic investigations to be able to
interpret correctly balance measurements.
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6 CONCLUSIONS

In a wind tunnel study on an aeroelastic carbon fiber model it was demonstrated how the structural design
methods can be checked by experiment, beginning in an early stage of the design. Emphasis was put on the stmia
aeroelastic investigations, which become more and more important in high performance A/C design.

For this measurements a rigid balance based on piezo force transducers and an opto-electronic deformation
measurement method were used successfully. It was tried to evaluate rudder efficiencies and a non-linear
behaviour of the rudder was found based on geometrical coupling with the fin. This should be further
inestigated in detail.
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PREDICTION OF WING AEROELASTIC EFFECTS ON AIRCRAFT
LIFT AND PITCHING MOMENT CHARACTERISTICS

By Clinton V. Eckstrom
Aerospace Engineer

NASA Langley Research Center
Hampton, Virginia 23665-5225

SUMMARY

The distribution of flight loads on an aircraft structure determines the lift and
pitching moment characteristics of the aircraft. When the load distribution changes
due to the aeroelastic response of the structure, the lift and pitching moment
characteristics also change. An estimate of the effect of aeroelasticity on stability
and control chacteristics is often required for the development of aircraft simulation
models for evaluation of flight characterstics. This presentation outlines a procedure
for incorporating calculated linear aeroelastic effects into measured nonlinear lift and
pitching moment data from wind tunnel tests. Results are presented which were obtained
from applying this procedure to data for an aircraft with a very flexible transport type
research wing. The procedure described is generally applicable to all types of
aircraft.

LIST OF SYMBOLS

Symbol: Definition:

CL lift coefficient

CL. lift coefficient curve slope, per degree

CLH horizontal tail lift coefficient

CL6H horizontal tail lift coefficient curve slope, per degree

Cm pitching-moment coefficient

C mo pitching-moment coefficient at zero angle of attack

C ma pitching-moment coefficient curve slope, per degree

Cm61 horizontal tail pitching-moment coefficient curve slope, per degree

iH horizontal tail incidence angle, degrees

m.a.c. mean aerodynamic chord length, m (in)

q free stream dynamic pressure, N/m
2 

(psf)

S wing reference area, m
2 

(ft
2
)

XA  distance from center of gravity to wing/fuselage aerodynamic
center, units of m.a.c., positive forward

XH  Xc.g. distance from center of gravity to horizontal tail aerodynamic center,
units of m.a.c., positive aft

a angle of attack, degrees

aH  angle of attack at horizontal tail, degrees

5
L'O angle of attack at zero lift, degrees

a'.0 angle of attack for zero downwash at tail, degrees

& L-O  incremental change in angle of attack at zero lift, degrees

Aac' O  incremental change in angle of attack for zero downwash at tall,
degrees

6Cm incremental change in pitching-moment at zero lift, rigid airplane

AXA incremental change in wing/fuselage aerodynamic center location, units
of m.a.c., positive forward

downwash angle at horizontal tail, degrees
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Symbol: Definition:

C'.O downwash angle at zero angle of attack, degrees

8 H  deflection angle of horizontal tail (elevon), degrees

OH deflection angle of flexible fuselage at horizontal tail
station, degress

8
HH deflection angle of flexible fuselage at horizontal tail station per

unit horizontal tail load, radians/lb

__ partial of downwash angle with angle of attack, deg/deg

Abbreviations/Superscripts/Subscripts:

CS cruise shape (wing)

FS fabrication shape (wing)

TO tail off

INTRODUCTION

It is well known that aircraft static aeroelastic characteristics can have a
significant effect on structural loadings, stability and control characterstics, control
surface effectiveness and flight performance characteristics and therefore should be
considered during all phases of the vehicle design process. One of the areas where
static aeroelastic effects must be considered is in the development of a stability and
control data base for use in aircraft simulation models. Such simulation models may be
used early in the design process for structural loading evaluations, control law
development and evaluation of control capability. The simulation models may also be
used for hardware verification, flight plan preparation, and pilot training. Usually
the wind tunnel test data on stability and control as well as performance
characteristics are obtained from rigid models built to a specific design shape. For a
transport type wing the design shape (planform, airfoil shapes, twist distribution,
etc.) is usually selected to maximize efficiency at cruise flight conditions whereas for
a fighter type aircraft the wing design may be selected for a specific maneuver
condition or capability. In either case a structural deflection calculation must be
made to define a fabrication shape such that the full scale wing will deform to the
desired shape when subjected to the loading expected at the design condition.

For the example described herein the aircraft had a transport type wing for which
the Iiven information included (1) the wind tunnel measurements of stability and control
characteristics for a rigid model with a cruise shape wing (ref. 1) and (2) the
fabrication shape for the full scale wing (ref. 2). What was needed was a prediction of
the performance and stability and control characteristics of the full scale aircraft
with a flexible wing. The approach was to use a static aeroelastic analysis procedure
(ref. 3), which has linear aerodynamic and structural equations, to calculate the
aerodynamic characteristics of the aircraft with both a rigid cruise shape wing and a
rigid fabrication shape wing and also to do the same calculations for the aircraft with
a flexible wing starting in the fabrication shape. The next step was to determine (1)
the differences in stability and control characteristics between the rigid cruise shape
and the rigid fabrication shape and (2) the changes due to flexibility (aeroelastic
effects, defined as a function of flight dynamic pressure). These differences were then
applied to the wind tunnel measured data as increments or as ratios to give a nonlinear
prediction of the stability and control characteristics for the flexible flight
vehicle. The procedure for doing this was developed from and is similar to that of
reference 4. The information for the example case presented herein includes the lift
and pitching moment characteristics at a Mach number of 0.80, although the calculations
were performed for a range of Mach numbers.

AIRCRAFT CHARACTERISTICS

The procedure described was applied to a research wing mounted on a drone vehicle
(ref. 5). The size and general arrangement of the research wing and drone vehicle are
shown in figure 1. The fuselage is a modified Firebee II target drone vehicle. The
research wing was designed for a 2.5-g maneuver load at a gross vehicle weight of 1134
kg (2500-pounds). The wing structural strength and stiffness were determined using an
integrated design procedure which included the use of active controls. Wing loading was
reduced using maneuver and gust load alleviation. Wing stiffness was reduced using
active flutter suppression (ref. 2). Therefore the wing is quite flexible in comparison
to most transport type wings in use today. Also inertial effects are small because the
wing has no engines, internal fuel, stores, or other large added masses.

A comparison of wing leading edge elevation (droop) and spanwise twist
distributions for the wing in both the cruise and fabrication shape is presented in
figure 2. The leading edge of the cruise shape wing is a straight line with a very
slight downward slope toward the wing tip. The leading edge of the fabrication shape
wing droops downward considerably from the cruise shape wing to compensate for the
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upward bending that will occur due to the lifting aerodynamic loads experienced at the
cruise flight conditions (M = 0.80, CL - .53, q = 6080 Newtons per square meter (127
psf)). The wing twist distribution for the cruise shape wing (fig. 2) was selected for
aerodynamic efficiency reasons relative to spanwise lift distribution and wing tip
stall. The fabrication shape wing has a reduced negative twist distribution to
compensate for the negative twisting which will occur as a result of bending when the
wing is subjected to the aerodynamic loads associated with the cruise flight conditions.

WIND TUNNEL TEST DATA

The wind tunnel tests (ref. 1) were performed on a rigid 0.237-scale model with a
cruise shape wing. Data are presented for tests performed at a Mach number of 0.80 with
the model in both the tail-on and tail-off configurations. Lift and pitching moment
coefficient data are shown in figure 3. The slight difference between the two sets of
lift coefficient data results from the lift on the tail. Note that the lift on the tail
is downward until an angle of attack of about 6-degrees has been reached. The circles
and squares represent actual test data points whereas the solid and dashed lines
represent equations which were fit to the test data points. The equations were used to
define a set of pseudo "wind tunnel* results such that data at smaller angle of attack
increments could be used in subsequent analyses.

For the pitching moment coefficient data (fig. 3) the difference between data for
the tail-on and tail-off configurations is considerably greater. The difference is the
lift on the tail multiplied by the moment arm length between the tail center of pressure
and the vehicle center of gravity (the c.g. is defined as being at 0.25 m.a.c.). Note
that the two curves cross at about 6-degrees angle of attack indicating that the lift on
the tail changes from negative to positive which is in agreement with the lift
coefficient data.

Two additional scale model wind tunnel test measurements are needed to determine
downwash at the tail location. They are the horizontal tail lift and pitching moment
coefficient curve slopes, per degree deflection. For the example case given these
parameters had values of 0.0124 per degree and -0.048 per degree respectively and were
assumed to be linear over the angle of attack or horizontal tail deflection angles of
interest.

ANALYSIS METHOD

The tasks and procedures for obtaining the predicted lift and pitching moment
characteristics for a flexible aircraft are outlined in the flow chart presented in
figure 4. The wind tunnel test data for the tail-on and tail-off aircraft configurations
referred to on the left side of the chart (fig. 4) have already been presented. The
static aeroelastic analyses referred to on the right side of the chart were performed
using the Flexible Airplane Analysis Computer Program called FLEXSTAB (ref. 3). As
noted on the chart, static aeroelastic analyses are required for: (1) rigid analytical
models at both the design cruise shape and the fabrication shape, and (2) a flexible
analytical model (initially at the fabrication shape) subjected to various levels of
flight dynamic pressure. In each case analysis results are needed for both horizontal-
tail-on and horizontal-tail-off aircraft configurations. These linear analysis results
are then used to define incremental changes in lift and pitching moment between the two
rigid shapes and for the variations of flight dynamic pressure for the flexible model.
The incremental changes defined by the linear analysis method are then used either
directly, or as ratios, to modify the measured non-linear wind tunnel data using a
procedure developed from and similar to that of reference 4.

A basic assumption associated with the prediction procedure is that lift curve
intercept changes determined by FLEXSTAB analysis should be applied to the measured wind
tunnel data as a shift in angle of attack for zero lift rather than as a change in lift
at zero angle of attack. As a result the modified wind tunnel curves are translated
along the angle of attack axis with no change in the prediction of maximum lift
capability. A second assumption is that the change in lift curve slope for the flexible
wing should be proportional to the incremental change in lift. Therefore the correction
to be applied to lift curve slope is a function of both dynamic pressure and lift curve
slope from the original non-linear lift curve rather than just as a function of dynamic
pressure. These assumptions basically define how the prediction procedure is applied as
explained in the following sections.

Analysis Results for Lift Coefficient

A comparison of the lift coefficients calculated using the FLEXSTAB analysis procedure
is presented in figure 5(a) for the rigid cruise shape wing and the rigid
fabrication-shape wing (tail-off aircraft configuration). FLEXSTAB results for lift are
in the form of a lift coefficient for zero angle of attack and a lift curve slope from
which the angle of attack for lift coefficient equals zero is determined. It is the
difference in angle of attack at zero lift (CL = 0) between calculated results for the
cruise shape wing and the fabrication shape wing that is the incremental value to be
used in modifying the measured wind tunnel lift coefficients to those expected for the
rigid fabrication shape wing. Note that for those two rigid wing shapes there is a
shift in angle of attack for zero lift but no change in lift curve slope.

The next step is to calculate the lift coefficient slope and intercept values for
the flexible wing (tail-off configuration) using the FLEXSTAB analysis procedure. Lift
coefficient slope and intercept values for the flexible wing are shown in figure 5(b).
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The effects of flexibility were determined at the various non-zero dynamic pressure
values shown. Results for the rigid fabrication shape (fig 5(a)) are presented at zero
dynamic pressure for reference purposes as this is the basline condition from which
flexibility effects are evaluated. The results for the flexible wing are different from
those for the rigid wing shapes in that there is a change in both the slope and
intercept values as flight dynamic pressure is changed. The changes in lift curve slope
occur because the wing twist distribution for the flexiblh wing is a function of wing
loading which in turn is a function of aircraft angle of attack for any given flight
dynamic pressure.

A summary of the calculated incremental changes in angle of attack at zero lift is
shown in figure 6. These values are needed as one set of inputs for modifying the
measured wind tunnel data to account for the wing rigid shape change, cruise shape to
fabrication shape, (shown in figure 6 at zero flight dynamic pressure) and for the
aeroelastic effects which are a function of flight dynamic pressure. (These data were
obtained from figure 5 at CL - 0). Note that the incremental angle of attack changes
for the wing rigid shape change and for the wing flexibility effects are opposite in
sign. The fabrication shape wing has zero lift at a larger negative angle of attack
than the cruise shape wing because, as shown earlier, the fabrication shape wing has
less negative twist along the span than does the cruise shape wing. However as the
flight dynamic pressure is increased, the aft swept flexible wing will bend upwards at
the tip resulting in an effectively decreasing local angle of attack along the span.

The values of lift curve slopes from figure 5 (b) ratioed to the value of lift
curve slope for the rigid case (q = o) are presented in figure 7 as a function of
dynamic pressure multiplied by the lift curve slope for the analysis rigid case. The
curve defined in figure 7 will be used to determine the ratio by which wind tunnel
measured lift curve slopes should be modified or corrected. The abscissa for the data
in figure 7 was chosen so that during the modification process, when either the flight
dynamic pressure of interest is small, or the slope of the wind tunnel lift curve is
small the correction factor, or flexible to rigid ratio, determined from the curve
(fig. 7) will be nearer to 1.0 and the modification to the wind tunnel measured lift
curve slope will be smaller. In this way the shallow slope of the lift curve (fig. 3)
near maximum lift will receive only a very small correction whereas those portions of
the lift curve with highest slopes will get the largest corrections.

Analysis Results for Pitching Moment Coefficient

Changing the wind tunnel measured pitching moment coefficient curve to account for
wing shape changes is a two step process. The first step is to establish the
incremental changes in pitching moment at zero lift as shown in figure 8 for the
tail-off aircraft configuration. Pitching moment coefficients as a function of angle of
attack calculated for the rigid cruise shape and rigid fabrication shape wings are shown
in figure 8(a). Similar results for the flexible wing starting in the fabrication shape
are shown in figure 8(b) for several values of flight dynamic pressure. Note that the
value of pitching moment for zero lift determined at q - 0 (fig. 8(b)) is the same as
for the rigid fabrication shape wing (fig. 8(a)).

A summary of the incremental changes in pitching moment at zero lift are presented
in figure 9 as a function of flight dynamic pressure to show the relationship between
the increment for changing from the rigid cruise shape wing to the rigid fabrication
shape wing (at zero dynamic pressure) and the increments for the flexible wing. Note
that the increment between rigid shapes is opposite in sign to the increments due to
flexibility.

As previously mentioned, changing the wind tunnel measured pitching moment
coefficient curve to account for wing shape changes is a two step process. The first
step is to establish the incremental changes in pitching moment at zero lift as shown on
figures 8 and 9. The second step is to change the slopes of the pitching moment
coefficient curves because of changes in aerodynamic center positions resulting
from different wing shapes. Figure 10 presents the incremental changes in aerodynamic
center location as a function of flight dynamic pressure resulting from going first from
the rigid cruise shape to the fabrication shape, shown at a dynamic pressure of zero,
and then for increasing dynamic pressure for the flexible wing. These data were
obtained directly from the static aeroelastic analysis results without additional
computations. As can be seen the incremental change in aerodynamic center location, due
to the wing changing from the rigid cruise shape to the rigid fabrication shape, is
negligible in comparison to the changes due to flexibility as dynamic pressure is
increased.

Procedure for Modifying Wing Tunnel Data

Lift coefficient is shown plotted in figure 11 versus both angle of attack and
pitching moment coefficient to illustrate the first few of several steps in obtaining
modified non-linear wind tunnel data. The illustration shown is for changing data from
a rigid cruise shape wing to data for a rigid fabrication shape wing. The dashed lines
represent wind tunnel measured data for the tail off model configuration. Data points
have been selected along the dashed line in increments of 1.0 degree in angle of attack
with the exception that the data point at CL - 0 is an interpolated value. Each of
these data points also represents a step in the modification process as defined by the
i - 0 to i - 8 notation in the center of the figure. The solid lines are the resulting
non-linear estimated data for the rigid fabrication shape wing. For lift coefficient
versus angle of attack the new data for the rigid fabrication shape wing is simply the
measured wind tunnel data (cruise shape wing) shifted over on the angle of attack axis
at each data point by the incremental change of angle of attack at zero lift determined



by analysis. This means that each segment between data points on the new curve has
exactly the same slope as the original wind tunnel data.

Determining the pitching moment coefficient for the rigid fabrication shape wing is
a two step process. The first step is to shift the initial value for pitching moment at
zero lift (at i - 0) by the incremental change in pitching moment at zero lift as deter-
mined by analysis (fig. 9). The second step is to determine the new incremental values
of pitching moment as shown by the equation at the top of figure 11. The new increment
in pitching moment for each step, i, along the curve is equal to the increment of the
original wind tunnel data plus the product of the incremental change in aerodynamic
center, XA, times the incremental change in lift coefficient for each step. AS
presented earlier, (fig. 10), there was only a very small change in aerodynamic center
in going from the rigid cruise shape wing to the rigid fabrication shape wing, therefore
each of the steps along the two pitching moment curves are nearly parallel. The data
shown are for values of lift starting at zero and going positive. The same procedure,
starting at zero lift and going negative, is used to determine data for the fabrication
shape for negative values of lift coefficient.

Introducing flexibility affects (as a function of flight dynamic pressure) into the
modification procedure makes changing the lift coefficient curve into a two step
process. The first step is to introduce the appropriate incremental change in angle of
attack for lift equals zero (fig. 6) similar to what was done for the illustration in
figure 11. The second step is to work up the incremental steps (starting from i = 0)
in figure 11 by multiplying the wind tunnel measured lift curve slope by the appropriate
flexible to rigid ratio for lift curve slope (fig. 7) for each increment and building a
new lift coefficient curve in this manner. The procedure for the pitching moment curve
remains the same as previously described with the appropriate incremental changes in
pitching moment at zero lift and aerodynamic center location coming from figures 9 and
10 respectively.

Lift and pitching moment coefficient results for the flexible airplane in the
tail-off configuration are presented in figure 12. Pitching moment is again presented
as a function of lift coefficient to show, for the flexible airplane, how the large
changes in aerodynamic center affect the slopes of the pitching moment curves. Data for
both lift coefficients and pitching moment coefficients are presented for lift
coefficient values both greater and less than zero. The plots also show the wind tunnel
data for reference purposes. The left side of figure 12 shows how the incremental
changes in angle of attack at zero lift coefficient and the changes in lift curve slope
with dynamic pressure affect lift coefficient data. The right side of the figure shows
how the pitching moment coefficient changes with the rigid shape change and with
increasing dynamic pressure for the flexible wing.

Tail Effects

Predictions of wing aeroelastic effects on lift and pitching moment characteristics
were also made for the tail-on aircraft configuration. A description of the procedure
(ref. 4) used to determine these effects is presented in the Appendix. Figure 13
presents the flow downwash angle at the horizontal tail as derived from measured wind
tunnel data by a procedure also described in the Appendix. The flow downwash angle at
the horizontal tail is also effected by the rigid and flexible wing shape changes.
These effects, which are estimated using the linear static aeroelastic analysis,
primarily result in shifting the curve of figure 13 along the horizontal axis but there
are also some moderate slope changes that result from wing flexibility. The changes
which occur to both the angle of attack at which the downwash angle is zero (intercept)
and the rate of change of downwash angle with change in angle of attack (slope) are
presented in figure 14. As can be seen from the curve for the intercept, the
inccemental change resulting from going from the rigid cruise shape wing to the rigid
fabrication shape wing (shown at dynamic pressure of zero) is larger in the positive
direction than the negative increments for the range of dynamic pressure shown. The
changes in slope as a function of flight dynamic pressure are very small. Note that the
symbols used on the right half of figure 14 correspond to the dynamic pressure values
used on the left half of the figure.

Analysis results are presented in figure 15 for the airplane with a flexible wing
but a rigid fuselage in the tail-on configuration, i.e., where the tail effects have
been added as a part of the computation process. Note also that the pitching moment
coefficient data are now presented as a function of angle of attack. The wind tunnel
measured data for the rigid cruise shape wing are again included for reference
purposes. The data for lift coefficient looks very similar to that for the tail-off
configuration as the lift on the tail does not significantly change the total lift.
However, the effect of the tail loading on pitching moment is very significant as was
shown earlier in figure 3. Note that the reversal in the pitching moment curve between
two and six degrees angle of attack smoothes out considerably at the higher dynamic
pressure flight conditions.

Fuselage Flexibility Effects

Comparisons of pitching moment coefficients predicted for the airplane with a
flexible wing in the tail-on configuration are presented in figure 16 for calculations
which both neglected and included fuselage flexibility. Fuselage flexibility effects
the angle of attack at the tail and therefore effects the contribution of the tail to
the pitching moment coefficient. Although the fuselage flexibility effect is small in
this case, it is still noticeable particularly for the higher angles of attack and
dynamic pressures.

.....
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Inertia Effects

Because the example wing has no engines, internal fuel, stores or other large added
manses the inertial relief effects were found to be negligible. Therefore the analysis
for the flexible analytical model were performed at zero angle of attack for all dynamic
pressures. If wing masses are large and inertial effects significant it may be
necessary to perform the analysis in a piece-wise linear fashion to account for
variations in g-loadings with angle of attack and dynamic pressure conditions.

CONCLUDING REMARKS

o Wind tunnel measurements of aircraft stability and control characteristics are
usually made on a rigid model with the wing shaped for the design condition.

o If flexibility is significant the wing for a full scale aircraft will be built to a
fabrication shape which accounts for the deformation expected at design flight
conditions.

o Stability and control characteristics for the full scale aircraft should match wind
tunnel measured data at the design flight condition but may be significantly
different at off-design flight conditions.

o A procedure has been presented for using static aeroelastic analysis results to
modify measured wind tunnel data to account for aeroelastic effects at different
flight conditions.

o Example results for lift and pitching moment characteristics for a highly flexible
transport type wing were presented which show significant changes with dynamic
pressure because of flexibility effects.

APPENDIX - ANALYSIS OF TAIL EFFECTS

Analysis of wing shape change and wing flexibility effects for the tail-off
aircraft configuration was rather straightforward. Unfortunately, the tail-on aircraft
configuration complicates matters considerably, particularily when fuselage flexibility
effects on horizontal tail angle are included. The analysis of tail effects is
presented in two parts. The first part is an analysis of tail effects for a rigid wing
shape change, i.e., in going from the rigid cruise shape wing to the rigid fabrication
shape wing (the fuselage is also considered to be rigid). The second part is an
analysis of tail effects for the addition of both wing and fuselage flexibility
although, as was done in the text, the flexibility effects can be treated separately.

Tail Effects for a Rigid Wing Shape Change

Downwash at Tail: In order to determine the contribution of the horizontal tail to
lift and pitching moment characteristics it is necessary to calculate the flow downwash
angle at the horizontal tail location. This can be done by comparing moment equations
for tail-off and tail-on configurations.

CmTO  - CmoTO + CSTO-0 TAIL-OFF (1)

Cm . Cmo + C% + CNH'.6H TAIL-ON (2)

When the effective angle of attack at the tail (aE ) is zero then the tail load
C, 6;8N is zero and Cm To- Cm. Setting equations (I) and (2) equal and solving for x,

as a function of 81, at which a H is zero,

CMO - CMOTO + CmH-6 H
5 = CT 0 _ ( 3 )

The horizontal tail angle of attack, aH is

fH= 5 - c + iH + OR + 8N (4)

The tail incidence angle, iH , for the example aircraft is zero and the body bending
term, 

8
g, is not applicable for the rigid case (flexibility will be added later).

Equation (4) for the rigid vehicle is

a H . - C + 6H  (4a)

Rearranging for downwash angle, c, when sR - o,

C - a + 88  (5)

Equation (5) is valid for all a but 8H must correspond with zero tail load, i.e.,

a9 - 0.

3=1 + - (6)
as0 30

Going back to equation (3) and differentiating with respect to a and solve for Hy
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results in 3 C - C % (7)

Substituting (7) into (6) to get

CE + C CTO (8)asm
YQ C mas

Finding 6H for a = o and no tail load from equation (3)
C OTO - CMO

6 H =mo CmH (9)

and substituting into (5) to get c for a = o.
= Cm C mo

= C (1)50 Cm6 H

,0

This procedure for determining downwash angle, e, as a function of angle of attack, a,
is used for both the wind tunnel data and the FLEXSTAB analysis results. In each case
it requires data for both the tail-off and tail-on aircraft configurations. A
comparison should be made of the downwash determined using FLEXSTAB data with downwash
determined using wind tunnel data to assure that there is a good correlation. For the
fabrication shape wing the incremental change in angle of attack for zero downwash is;

Ca=
o  (12)

6=O= (m =O)FS - (ac=o)CS (13)

The inputs for equations (12) and (13) ime from FLEXSTAB runs tail-off and tail-on for
both the cruise shape and fabric-'o

• 
shape wings. The curve for c versus a determined

from evaluation of wind tunnel -.. figure 13) is now translated along the angle of
attack axis by the increment 'a' (figure 14) to obtain a new curve of modified wind
tunnel data for the fabrica'.o 3ape wing.

Horizontal Tail Loads; ,nd tunnel data must be evaluated to determine the lift
coefficient for the horizontal tail, CLH, as a function of angle of attack at the
tail, aH. The angle cI attack at the tail is determined for the fabrication shape
wing using equation t4a) and the new values of c for the fabrication shape wing.

Lift Coefficint (Tail On): The lift coefficient for the rigid fabrication shape
wing is

CL = CLTo + CLH (14)

Pitching Moment Coefficient (Tail On): The pitching moment coefficient for the
rigid fabrication shape wing is

Cm = CmTO - CLH°(XH - XCG) (15)

Tail Effects for a Flexible Wing and Fuselage

The fabrication shape flight wing and the flight vehicle fuselage are both flexible
structures and therefore subject to deformation from aerodynamic and inertial loading.
The analysis procedure presented here accounts for only the deformation due to
aerodynamic loading (no inertial loading).

Downwash at the Tail: The procedure for determining the effects of the flexible
wing shape changes on downwash at the tail are essentially the same as for the rigid
wing shape changes discussed earlier. However when the flexibility of the fuselage is
included in the analysis there are additional terms to consider. Start again by
comparing moment equations for tail-on and tail-off configurations.

CmTO = CmoTO + CmaTo s (16)

Cm = C o + Cma*a + Cm6H 
6
H (17)

When the effective angle of attack at the tail, aH, is zero, then the tail load

CMHd-
6
H is zero, CmTO - Cm and we can equate (16) and (17) and solve for a, as a

function of 6
H , at which mH is zero.
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C M O - C M OT + C m H 6 H (
C % T - C a  (18)

The angle of attack at horizontal tail, sH, is

GH - Q - E + iH + eH + 6H  (19)

From equation (18) GH is zero and for the example aircraft the all moveable horizontal
tail has no incidence angle iH. Solving for downwash angle c,

- a + 6H + e H  (20)

where OH is body bending angle at horizontal tail. Body bending OH is a function of:

eH a s + H  (21)
Ha. + m 

6
H H

ae 
H

We now need FLEXSTAB runs with the tail on at m=o and s-o to get eH  and i-
Q=0

Body deflection, at the horizontal tail, due to incremental load due to tail deflection,
6H , is:

AOH  = CL H S*q.(6 H  + H)OHH (22)

where OHH is the diagonal element of the free-free structural influence coefficient
matrix for the fuselage at the horizontal tail attachment point.

Solving equation (22) for OH and differentiating with respect to 
6
H results in

38H  CL 6H. S-q-HH18
H C=(23)

a6H  I - CL6H S-q-OHH

Now subsituting equation (23) into equation (21) and equation (21) into equation (20)
results in an equation for downwash at the tail, E, where the values for the parameters
are obtained from FLEXSTAB runs.

= + / 1I -I. 6H (24)

Equation (24) is valid for all a but 6H must correspond with zero tail load.
6zgO 1 ] a6Hr 1 + (25)

I+ + I - CL 6HS HH

Going back to equation (18) and differentiating with respect to a and solving for
adH
--- results in

16H CmQTO - Ca(
as Cn (26)

Substitiuting (26) into (25) results in

3I +I CmLOH . CL S(7eHH)

Now finding 6H for a - o and no tail load from equation (18)
C -oTo C MO

-HQ5 o Cm6H (28)

and .ubstituting into (24) to get E for a = o

. 0 C M~n- C o(9

ao = +Ho Cm6H  I CL. (29)

Equations (27) and (29) describe the downwash c as a function of a

Horizontal Tail Loads: For the flexible vehicle configuration the angle of attack
at the horizontal tail includes the effect of fuselage bending.
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H - + i H + 0H + 6H  (30)

38B
where +8 + *s + (31)H o am HCL H q

"
S

The assumption is made that 8H  and are for the tail-off configuration and
0

that all body bending due to tail loads is contained in the last term. Rearrangingequations (30) and (31) and solving for aH yields

( , )
-  

+ i +e+ a

-a ki - 0aS.CLmS.q.S)  (32)

For the example aircraft iH o and for these cases the elevon deflection 6H is also
set to zero. Therefore

( 1 . -11H) o

1;l - n

a H I- 6HH'CL -H q'S) (33)

Lift Coefficient (Tail On): The lift coefficient for the flexible wing and vehicleis

CL - CLTO + CL.H.' E  (34)

Pitching Moment Coefficient (Tail On): The pitching moment coefficient for the
flexible wing and vehicle is

Cm - CT O- CL aH'H'(X H - Xc.g.) (35)
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Figure 2.-Comparisons of wing droop and twist distributions for
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Model with rigid cruise shape wing
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Figure 3.-Lift and pitching moment coefficient data from wind tunnel test.
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Figure 4.-Flow chart showing analysis procedure.
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a) Rigid shape change effect. b) Flexibility effects.

Figure 5.-Static aeroelastic analysis of lift characteristics.
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Figure 6.-Incremental changes in angle of attack at zero lift.
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Figure 7.-Ratio of flexible to rigid lift curve slopes.
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Figure 8.-Change in pitching moment cofficient at zero lift.
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Figure 9.-Incremental changes in pitching moment coefficient at zero lift.
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Figure 10.-Incremental changes in aerodynamic center location.
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Figure 11.-Procedure for using analysis results to modify wind tunnel data.
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Figure 12.-Analysis results for the flexible airplane - tail off.
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(From wind tunnel data)
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Figure 13.-Downwash at the horizontal tail.
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Figure 14.-Changes in downwash at the tail.
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Dynamic M = 0.80
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L 6 - q, psf 100 psf - 4788 .32 -

1.4 - 0  0 N/ 2  .28 - Model wind

1.2 -> 200 .24 - tunnel data

1.0 -A 400 .20

.8 -L 600 . 16 -
CL .6 - 800CM 12 " P

.4- .08 o

.2 -. 04 -o QO> 4&.A&

0 0A

-. 2 -04.4 --. 08 0 '°° o° 0d bq o

L i I I I

-4 -2 0 2 4 6 8 10 12 -4 -2 0 2 4 6 8 10 12
a, deg a, deg

Figure 15.-Flexibility effects for example aircraft.
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Figure 16.-Effect of fuselage flexibility on pitching moment coefficient.
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INFLUENCE DES DEFORMATIONS STATIQUES D lINE VOILURE SUR
L AERODYNAMIQUE INSTATIONNAIRE

par Roger Destuynder
Office National d'Etudes et de Recharches Airospatiales (ONERA)

92322 CRATILLON CEDEX - FRANCE

RESUME -

Lee avions de transport modernes de grand allongament, type B767 ou AIRBUS,
pr~sentent, ,~me pour un facteur de charge n - 1, des d~formations statiqu.es
importantes caractgrieles essentiellement par une torsion induite due a l'engle de
flache de Ia voilure.

Ces dfiformetions importantes en bout d'aile modifient de faqon notable l'6cou-
lement autour de profils du type supercritique, sensible A l'incidence locale en par-
ticulier en ce qui concerne l'apparition de chocs 9 l'extrados.

L'influence de ces d~formationa sur le phfinomdane du flottement a 6t mise en
6vidence par des essais.

lUne edrie de calculs utilisant des corrections semi -emp iriques, extraites
d'esaais en soufflerie, a fit6 entreprise pour riduire lee ficerts existent dens le
domeine du flottement entre th~orie et expfirience.

INFLUENCE OF STATIC DEFORMATION ON A WING IN THE UNSTEADY AERODYNAMIC

ABSTRACT -

The modern civil transport airplanes, with large aspect ratio, like B767 or
AIRBUS, show even in cruise condition, important static deformations characterized
essentially by en induced torsion due to the wing sweep angle.

This deformation principaly important at the wing tip modify the flow around a
supercritical prof il, very sensitiv to the local incidence.

The dfiformation influence on the flutter phenomenon wee proved by wind tunnel
tests on a elastic model.

A series of flutter calculations using semi empirical corrections, extract from
wind tunnel tests, was undertaken to reduce the existing difference between theory
and exp~rience.
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1 - INTRODUCrION

Lee avions do transport sodernes de grand allongement (type Airbus ou B767) prasentent sous facteur de
charge n - 1, en croisiare, des diformatione statiques importantes en flexion et surtout en torsion induite
par suite de Is fliche de is voilure. Ces diformations, principelement en bout d'aile modifient de fagon
non nfigligeable licoulement sutour d'un prof ii de type supercritique, tris sensible A lincidence locale,
particultirement en ce qol concerns Vapparition des chocs.

D'autre pert at on considdre lee phfinomines de flotteseot, le calcol des forces e6rodynaeiques insts-
tionnairee gfnrlisee, portent our lee modes propres de Is structure, montre une grande sensibiliti de
ces forces sux d~formations steciques du bout deaile qui repr~sentent une contribution importente doe lee
forces globales.

p Ce rapport s'attacbera princlpalemeot A considdrer l'infloence des d~forestions statiques dues sux
charges afrodynaeiques, our lee probl~mes do flottement. Le problise des non linaaritfs des forces insta-
tionnaires sur un r~acteur en fonction de lincidence sere Avoqufi.

11 - POSE DU PROBLEKE

On e tout deabord me en 6videnca par le calcol et pour des essis en eoufflerie l'imortance des
dlformation afrollastiques doune voilure de grand allongesent correspondent I alle supercritique dun
avion de transport eoderne.

Par une mlthode classique de Rayleigh-Ritz on a calculi, conaaissant l'Ilaeticitfi de Is structure doe
sa base modele. lee diformles statiques carrespondantes 3 difffrentes charges r~partiea. Les calculs ont
6ti feits A Mech et incidence de riffirence constants (Mach - 0,78) ( -( - + 1,5' etx- - 1,5-).

On e dfitermingleI vriliege de l'aile correspondent A difffrentes altitudes de vol c'est-&-dire A
q - ~eavariable. On e obtenu lea courbes des figures 1 at 2.

M4A =0.78 Q. .1.5- P = bar MA 0.78 a =-1.5
a 3' (f~-Corme sans vent) 2 -'m=.ne

2___ (n =tm 0an vent)

pc 0.8 babar _

C ~0)0
I -2 -1= .8ba

Fig. 2. Angle de dofformation 4iastique dans le Fig. 2. Angle de diformation 6iastique dens le
sans du courant d'air en fonct ion de sens du courant d'air en fonction de
I 'Cnvergura. 1 anvargure.

Las dfiforuies soot calculies A p-Artir de Ia formse batie (Jig Shape) sans charge. La courba p= 0 bar
de Is figure I donne le vrillage de Vlle resultant de I'application des forces de gravitS. Lea forces
soot positives. De 1lextrados vers l'intrados, le bord de fuite descend tandis que le bard d'ettaque s
reldive. L'angle de vrillage est positif. La variation de vrillege .6r fonction de lenvergure ,? , due aux
forces de grevitg, eec Ivideumment indipendance du colage initial r. de l'aile (ici + 1,5 at - 1,5*).

Las forces de portance correspondent A on C. at Mach donngs nt ansuita itfi ejoutfies our leiie an
fonction du paramicre q - hi eV'. Cee forces exercent des couposantes ellant de Vintradas vers l'extrados.
La bord de folte de Vlle santa candle qua le bord d'attsque descend.

Lee courbes de dfiforuations nt 6tg calculges I pertir de deux calages initisux correspondent &I deux
valeurs de CA . A partir de ces incidences locales calculgas per one mfithode ittrative tr~s rapidement
convergence, on a virifif sur one eaquetta de similitude dynseique utilisfe en soufflerie qua lee d~foree-
tions prfivues fitsient correcces (figures 3 et 4). La figure 3 donna le diplacement do bard de fulte calculi
at macurf dons lee mimes conditione de chargament. La figure 4 donnael'engle d'incidence locale dG sux
charges. La compersison et corrects.

4

2 thdnrique

0,1 105o

Fig. 3. Zvalutlan de Ia cot. du hard de fuite Pig. 4. Nvolution de l'angle do v-rillage en
en foot ion de I 'envergure, thdarique fonction de 1 'envergure, thdorique et,
et meaurde. (an crolsibre) meaur,&. (en craisid're)
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II-CALCUL DES COEEFICIENTS Cz at Cm,

La seconds partie du probliae a cousistg A aesurer lea coefficients de portance et de Moment inata-
tionoai rem pour I** dlffhrentes Incidences locales I partir de risultats dlessais quasi-stationnalres et
Instationnaires effectuis en souffleri* our une maquette dite rigid.er styant une diformle analogue A celie
d'une sile d'unoavion volant en conditions de crojajire A K - 0,78 at Z - 30000 pieds.

Lea hypothises dtaieut lea suivantes

11i y a proportionnalit6 entre, lee efforts locaux ci Is diforation rfaultanre.

L'hypothfse des trenches sans interaction enire elles eat prise comme predire approximtion.

L'Intfrft de carte ithods (analogue quant I son Principe A celle proposhe par Carsen Yates (1 - 2]
eat do renir compte des effets de couchs limite trio importants dana cc type de profil tio chargi A
larridre oi3 Is couche limits A une Apaseur aaximusw

Lee courbes stationnaires de coefficient de portance et de moment. a t C., en fooction de l'enver-
gure peuvent alora, Air. traceae figures 5 et 6. On constate qua Ic coefficient de portance dipend fortescot
de ish diformac elocale due & Is charge siatique r6partie. La foible fivolution du coefficient local C_, avec
Is charge cct curprenante.

Le coefficient de portance local et Ic centre de pousahie par treoche oat fait i'objer de comparaison
entre calcu2 et esal our un sodile rigide pour deux incidences nominales cc - 0 et x - + 1% F ig. 5bis et
6bis. Enfin 1. courbe 7 donne le coefficient XCAde portance insasionnaire pour 2 sections A 50 et 75 Z de
lcnvergure en fonction de l'incidence de r~fdrence. La variation eat tris sensible pour des Incidence.
positives de laile c'est-&-dire lorsque le vrillage Initial dficroft en fonction des charges croissantes&.

-P P 0L bar

0.2 -

P 0.4 bar
o0

0 o~s 6a, P-bar 16 a

0.P4 Pbz 0 bar

S 008 P . bar
0.2

0

uo 0P 0 .bar

oA -00 0,7 01 'o5 ,7 1

wP 0 bar

oo1

0A 0,58 c9 M 0,8a5 -1,5

Fig. 5b. Dofictibtio de portne en denver-n Pig. 6 bC. oefiin d pacet de momente
d e.gq cenc -octo e e 2e u .d tnation decto deIen.gue
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.section 4 extrdos: 72section 6 (75%)
-section 6 extrao section 4 (50%)

0,101

30 ~ 1* 0 1 ~ 20

Fig. 7. svoiutjoz de 2ic Oan 20c,,2, j invidac
rooinale variablFe.

IV -ESSAIS DE FLOTTEMENT

Pour iliustrer cette Influence une deai. maquette de fiottement notte A Is paroi a It& realise. La
voilure eat du type supercritique, l'allongemeoc eat de i'ordre de A - 9,2. Cette maquette eat Aquipse
dun r~acteur perauiabie (figures 8 at 9). Lea modes propres de i& maquerre aut Sti fodififs par rapport I
1Isvlno farlon A obtenir, par variation dlinertie, un fiottement dana le domains utilisable de is
soufflerie. Lea essais ont porti en souffierie essentielleasot our lea M~ach 1-0.60 en ba subeonique sans
choc et aur Is Mach de croisi~re It-0,18 A diffirentes incidences normales. A cheque nombre de Mach et
incidence o; , le fiottement fitait recherchl par variation de Ia pression gin~ratrice de is soufflerie.

Le mod~le Aitait construit comae uoe maquette de siaiiitude, aysot uoe diforage statique iquivalente a
celie de l'avion e.n croisi~re pour des charges analogues, c'eat I dire que lea filches de La maquette et de
l'avion ftaient dane ie rapport des fAcheiles A ce qui s'Scrit

(i %. sV_ C.,)' El.

Ce qui Implique is relation el q.,,_ (4)
El. 1.

ayst I .. Z) jdice "' maquette
indite -aviaon

avec l'hypothdlse que lea forces de pesanreur reatent foibles devont Its forces de portance, ce qui a t
vgrifif sur cette ails.
L'avion 4taft supposS voler 1 M4 - 0,78 at Z - 36000 pieds evec un Ca 4onnAi et une incidence o-, correspon-
dants A ceile du vol. La aquette tenant coepte de (1) avait lea mafies C. et C_, que l'avion ainsi que lea
m8aes d~formes atatiques queique soit t.

Fig. S. Maguette ,sontge A la parol de la
soufflerie OHERA S2Ka.

152 
mestare stable
mesture stable et instable

Section I

Section III

Fig. 9 big. Moteur manid sur I'aile 6quti de
fig. 9. Ggosdrle do rdacteur. capteurs de pression.



Un dispositif partlculler (figure 10) peruetat d'une part d'exciter la maquette I travers ceo condi-
tions limit*@ imposdes en flexion et torsion et d'autre part donnait I& possibilit6 d'introduire automati-
queinnt on amortieeement positif our un mode critique par ilintermadiaire d'une boucle de contr8le ci un
risque do fiottement apparcleccit.

Dons Ie cco prfisent I. couplse Situdi6 s faissit per i'interm~diaire du code de flexion de Is voilure
A 35 He et d'un mode de tangage du r~ceur 41 45 Hz qui induisait une torsion sur l'ciie.

DOS calcuic pr~liminsiree faits avec une v~thode lindaire de doublets (sane correction) avajent perms
d'obtenir une vitecce critique de flottement dens ie domains de Is soufflerie evec one serge suffisente
pour tenir compte des variations poesibles dues aux non linfarit~s.

Enfin i eat A noter qua le flottesant obtenu eat sensible, par Ie calcul tout eu moins. A
i'introduction ou non des forces eArodynamiques instattonnaires our le rfiacteur. Lee essais ont montrg qu'l
iso-preecion ginlratrice et A Mach donng M - 0,78, l'entrde en flottesent eat tris sensible A Vincidence
globale de 19 maquette. Un choc apparaft ou non aur 1iextrados de I& maquette, dfi en !erticulier aux
dlformations stetiques.

La figure 11 donne la reprlsentation, dens le plan des frlquences, de la densit6 de puissence d'un
acclromatre situ! en bout d'aile. en function de lincidence.

On conetete que le couplege entre les modes de flexion de l'aile et le tangage du rlacteur eat de plus
en plus violent loreque lincidence de Vlile diminue ce qui correspond A on dlvrillage de plus en plus
faible de leile.

Pour OC - - 0,7* le mode de flexion eat trLts voisin de VinatabilitA en flottesant et pour at - l,
Xe systdae, sane boucle de contr~le, eat instable. L'introduction automatique d'une loi de contrdle do
flnt-eoc a permsa A partir des rlsultats en boucle ferm~e d'obtenir la valeur de lsamortiaesent nlgatif
do la boucle ouverte ( t, - - 12*/oo).

La figure 12 sontre une repr~sentation des paramitres de frlquence et d'amortiaseement des deux prin-
cipeux modes couplla en fonction de Ia preasion g~n~ratrice pour on noebre de Mach constant M - 0,78. Afin
do pouvoir poureuivre lea easais doe le domains instable dO au flottemeot, un systilse de contrdle automa-
tique de l'acmortissement a Ac!i introduit (figure 13).

1. Maquette d'aile Dm-~ute-lteet
2. Conditions de rigiditi A llencastranantDe-Iaete"oteet
3. Axe de transmission 5o8
4I. Encastr'ement "int'ini M ,7
5. Systlme de flector q3 A Tnaer~cer
6. V~rin hydraulique agericu P 1,

30.35 40 45 50, 55 60 65 70. 75. Hz
influence de Ilinciaence

Fig. 10. Principa d'excitation at de sdcuritg A 1.4
travers las conditions limitas

d'encastremant.I c

o - -T- MA =O.78 
A

ode de tangage r~acteur {.,Flexion she

~50 ---- ---- 30 35 40 45 50 5560 65 70 75 Hz

~40 1.8

1 .0 1 .25 1 5,o -0.75*

0. 0,70

s20

~40

Pression gindratrice (bar) 30 35 40 45 50 55 60 65 70 75 Hz

Fig. 12. Variation de Is vitesse de flottement Fig. 11. CS=-,5

fonction de .1 'ncidance. Mesure impows.ble = fOttement
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S Tangage MA =0.78 01.

60 reactsur'

Least rbacteui'.4ba

Vitr ri.n hydraulique 0g 0-0 2.0

FiltreFig. 14. influence de I& dgformde glastique de
l1a12~e sur le flottemeent.

Entre exitaton4 Fig. 13. Bloc-dlagrazse du syst~cae de contrdle.

V -CALCULS TENANT COMPTE DES DEVRILLAGES LOCAUX

Le: calculs corrig~s par trache par des coeffIcients qusi-stetionnaires ont ftl feit$ avec lea hypo-
thise. suiventes:

a) tee corrections appliquies ne dilpendent pas de Ia frfiquence rfidulte Cd.

b) Les corrections Stablies A partir d'on souvement de tangage sont appliquiles A des souvements de roulls.

c) Les corrections tiennent compte de l'angle d'attaque local et de la couche limite mals pa des effete

d'interaction entre trenches.

On a tout d'abord effectu6 trois calcula correspondents A1 trois d~formations en envergure donnges par
trols cac de charges thdoriques. L'inctdence de r6f6rence 6tait de - 1,5* - of a Mach 14 - 0,78.

On constate figure 14 que pour lee faibles preasions dynamiques le comportecent de l'aile dfipend peu
du vrillage. Au contraire pour lee pressions dynamiques plus iqportantes, Is vitesse de flottement 6volue.
Elie eat d'autent plus 6lev~e que le dfivrillage eat important. La tendsnce fournie par l'esaai eat bien
retrouv~e. Le dfvrillage de laile agit comme un terse stabilisateur au sens du flottement. Tootefols lee
consdquences d'on dfivrillage de l'aile variable avec la charge, ne saurait Atre pris oniquement en compte
comme parasitre agissant cur le flottement.

VI - INFLUENCE DU REACTEUR

Tout d'abord si on compare on calcul de flottement effectu6 en tenant coapte o en n~gligeant lea
forces inatationnaires do rfacteur, on constate one Influence non n~gligeeble de relies-cl prlncipalement
due so momsent de tangage destabilisateur indolt par lea forces agiceant sot lee l4vres do r~asteor (figure
15). Le calcul eat fait cur le r~acteur avec one m~thode de doublets lingaires.

Des esaes r6cents ont contr6 que lea coefficients de pressions insattonnaires sor on r~acteor oscil-
lent 6taient fortement non lin~aires avec l'incidence. Jusqo'a on nombre de Mach M - 0,70, lea calcula et
lea esaes donnent on accord raisonnable poor des incidences de 0 A + 2,5*. La figure 16 illuatre ce r~sal-
tat. On peut constater que seuls lea 20 premiers pour cent do r~ecteur portent, d'aotre part Ia partie
imeginaire pour cette frequence r~doite w. - 0,17 (corde de rffrence l ongoeor do r~acteur) reste
faible. - I ~, , ~,Cp Instationire

60 Tangage r~acteur - -

a 50 LanaI r~acteur- ____' x~iu

'm 40 2

~ 0 00 0, /
a-1 10 -' 2.0

20 ___reu
oaLacet r6acteur-'-

Pression g
6

ndratrice (bar) p , a

Fig. IS. Comparaison calcol - essais, 0acu dubet
Mach= 078, L =0-.intdrieur *,d

* .0,1 0,2 -0/c

Fig. 16. Influence de 1Incidence sur lea

presslol2s Iinstat ionnalres. 
05 /- -u
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Par contre A Mach 0,78 et M - 0,82, une partie du profil externe du rfacteur devient supersonique
(figure 17). 11 en r~sulte des variations importantes avec 1'incidence ausai bien dens le champ des
pressions inatationnairea qua dans le coefficient de moment global Instatlonnaire mesurf par une balance
(fig. 18). Par example entre o( - 0' et ok - + 2.1' le coefficient quasi-stationnaire vanie de 0,25 A 0,32

A x~gec fj L'augmentation dea coefficients inatationnalres, due au souvement A,,

r~acteur, avec l'incidence joue un r8le destabilisateur. 11 faut noter que dana ceta fitude Ilafluence du
fan et de ls pousade du rfiacteur ont fitf nhgllgges en preslire approximation.

C; 0,78 pi 0,9 bar f 20 Hz

2 n/c a -1,5*

5 0 -2,5*

-1X

0,1 0,2 X/c

Fig. 17. Influence de l'incldence sar les
presSionS inStationnaires.

Mdus 1 amt
.

Mouusl e f I Quas-instationnaire

a' 0 , ' 2.5'

0~0'

0,3t

0.21

0.1
Mach

0.5 0.6- 0,7 0,18

Fig. 18. Variation du coefficient de moment
instationnaires (mi-corde) avec le
nombre de Mach' et i'incidence
statique.

VII -CONCLUSION

Une Studs de l'Influencc, aur le flottesent, de l'angle d'iticidence d'un avion de transport civil
moderns en vol, A son Mach de croisihre, a 6t6 dgvelopphe.

Plusfeurs effets non lingaires rhaultent de cc paramitre. Tout d'abord le dfivriilage en envergure de
I'aile avec l'incidence positive croissante entraine un recul de Is lifite du fiotteamoc pour un nosbre de
Macb et une pression dynamique donnhe.

La connaissance exacte de la dhformation sans charge eat un paramitre important I introd~ire dana lea
calculs. D'autre part lea thdoriea iingairea (type doublets), corriggee par tranche des valeura mesurhes
des coefficients de portance at de soments instationnaires, amfhliorent de facon sensible Ia comparaison
calcul-casai.

Lee sithodes de calculs plusa hisborges telles lea petites perturbations tranesoniques qui prennent en
charge lea dilformhcs de l'aile, donnent Is s~me tendance.

Enfin on a sontrS que lea forces Instationnaires sur lea rfiacteurs doiveut Atre priaes en compte par
des mAthodes non linhiaires. L'effet d'incidence positive aur un rfiacteur joue un r8le difavorable au
contraire du dhvrillage de l'aile qui tend A restabiliser l'aile, qui aursit une tendance au flottement
(ceci 4tant uniquement valable pour un nombre de Mach et une presalon dynanique donnts).
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INFLUENCE OF THE STATIC DEFORMATION ON A WING IN THE UNSTEADY AERODYNAMIC
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R. Destuynder
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92320
France

ABSTRACT

The modern civil transport airplanest with large aspect ratio, like 8 767 or AIRBUS, show even in
cruise condition, important static deformations characterized essentially by an induced torsion due to
the wing sweep angle.

This deformation principally important at the wing tip modifies the flow around a supercitical
profile, very sensitive to the local incidence.

The deformation influence on the flutter phenomenon was proved by wind tunnel tests on a elastic
model.

A series of flutter calculations using semi-empirical corrections, extracted from wind tunnel tests,
was undertaken to recuce the existing difference between theory and experience.

1. INTRODUCTION

The modern large aspect ratio civil transport airplanes in cruise conditions (like B 767 or AIRBUS)
exhibit important static deformations in bending and torsion along the span (this last deformation
resulting mainly from the coupled effect due to wing sweep).

These deformations which are important mainly at the wing tip, modify the flow around a
supercritical profile which is sensitive to the local twist angle particularly as far as the shock
position is concerned.

Regarding the flutter phenomenon, the generalized unsteady aerodynamic forces, calculated with the
structure normal modes, show a great sensitivity to the wing tip static twist which thus gives a major
contribution to the generalized forces.

The present paper considers mainly the influence of the static deformation, due to steady loads, on
the flutter problem.

The non-linearity of the unsteady forces on an engine as function of the global incidence will also
be considered.

It. NATURE OF THE PROBLEM

First we have evaluated, with wind tunnel tests and calculations, the magnitude of the aeroelastic
deformation of a large aspect ratio wing with a supercritical profile corresponding to a modern transport
airplane.

By the Rayleigh Ritz method, the elastic deformation of a flexible model under steady air loads was
estimated, using mode shapes, generalized masses and stiffnesses. Calculations have been made at constant
Mach number (Mach= 0.78) and reference angle of attack (a = 1.5* and o= -1.5*.

The wing twist corresponding to different flight altitudes has been achieved. The figures 1 and 2
show the variation of streamwise elastic twist angle with the span.

S078 a 1.5' P = 0 bar MA 0.78 a =-1.5o
< 30 0 - -- (without wind) 'c2 ---

0( = ) 
P =0_.~ ._ -P = 0. ba 1 ithout wind)

Wig8 O.bar P 0.4 bar

V P -0.8 bar

00.5 1.0 00.5 1.0

Wing span n Wing span n

Fig. 2. Elastic twist deformation, streamwise Fig. 2. Elastic twist deformation, stremise
direction, versus span. direction, versus span.
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The local twists are calculated from the jig shape without loads.

The first curve of the figure 1 corresponding to P = 0 shows the wing twist due to gravity forces

only. The resulting twist angle is positive, i.e. its contributions gives a downward deflection to the

trailing edge and an upward deflection to the leading edge.

The variation of local twist with the span (rO given by the gravity forces is, of course,
independent of the wing reference incidence (here ( = -1.5- or C = -1.5-). The lift forces corresponding

to given C
L 

and Mach number are, after that, added as function of the dynamic pressure q = I P V2
.

These forces tend to make the deflection upward at the trailing edge and downward at the leading
edge. The twist curves are calculated for two C

L 
values.

The local twist calculated with a fastly convergent iteration method has been compared to experiment
on a dynamic model tested in the wind tunnel (figures 3 and 4).

The figure 3 shows the trailing edge displacement calculated and measured with the same wing load

conditions. The figure 4 gives the local wing twist M resulting from the loads. The comparison is
satisfactory.

00

Z(s) \

2 Theory

T Tests Tests0.1, Theory i

o .05 0 " -,
1 y(m) 2 y/b

-1

Fig. 3. Ddformation of the trailing edge Fig. 4. Evolution of the twist angle versus

versus span theory - tests. (cruise span theory - tests. (cruise con-

conditions) ditions).

III. CACULATION OF THE CL and CM coefficient

The second part of the study consists in deriving the unsteady lift and moment coefficient for
differnt local incidences from wind tunnel tests performed on a model having a deformation similar to

the wi g of an airplane flying in cruise conditions.

The following assumptions have been made :

- The local loads and local deflections are proportional,

- The strip analysis is taken as first approximation.

The interest of the method (similar to the modified strip analysis of E.C. Yates Jr. [1, 21) applied

to a 3-D theoretical subsonic method is to take account of the boundary layer effects which are very

important for this kind of profile, with important loads near the trailing edge where the boundary layer
has a maximum thickness.

The curves of steady lift and moment coefficients C
L 
and C, versus span can be estimated (figures 5

and 6).

It can be seen that in addition to the Mach number and the global incidence, the lift local

coefficient is strongly depending on the local twist resulting from the load.

(q = 0 p V2 z i PS y M').

In the same manner, the small variation of the local CM coefficient is surprising.

The local lift coefficient and the center of pressure have been an object of comparison between

tests and calculation on a rigid model for 2 glibal incidences 0 = 0 and Q = +10 (figure 6 his). Finally

the curve 7 shows the unsteady lift coefficient - for 2 sections at 50$ and 75% of spanwise location as
function of the nominal incidence.

The variaton is very sensitive for positive Incidences of the wing that is to say when the twist
decreases with the loads.



0 baro

''.0.6

P .4ba

o 0.41 -- oo-yP a

a Ionln .51
13 0..2

0..2

. -1. 6 ..

0 pObar

MA 0.58 S 1.50

Fig. 5. Lift and moment coefficient in pitch Fig. 6. Lift and moment coefficient in pitch

,esum span. versus span.

Aerodynamic Data M : 0.78 ci : pressure
Cz Test K 0.78 0 1, 0

S Test M4 = 0.78 a -= 60 i-- .. . Test M*07

0.111-0.04

0 0.78

0.2 0 20

0.1 10

S0 = 1.6Span
0 0.5 1 n8 y/b 0 05 y/b

Fig. 5 his. Lift coefficient distribution ve - Fig. 6 his. Center of pressure as function oft.

sus span.

!/section 6 (75%)
sec.tion 14 extrados - section ,1 (50%)

section 6 extrados1 T 0,78 7C/l=

, 10

I_
.34 -e -M 0 .7

Pig. 7. Variation of the unsteadg iiftC
coefficient with the incidence.

I IV. FLUT[TER TESTS

To illustrate this inflience, a half wing flutter model has been built and tested. The wing has a~superoritical profile with ar engine (without fan and no thrust) (figures 8 and 9).

• The elgen modes have been modified, compared to the airplane to obtain a violent flutter in the
_ useful domain of the wind tunnel. The tests are performed at Mach number 14 * 0.60 (in subsonic flow

without shOOk) and principally in the cruise conditions (Mach number of 0.78) for different local

• incidenoes.

suspn 4 eto 7%
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Pig. 8. Half flutter model mounted at the S2
wind tunnel wall. 1 +152

Accelerometers

steady measurement
-steady - unsteady measurement

Sect-on I. -I

,''' '2Z i Section II10

4z 22Z- - --

Section III

0

Fig. 9 bis. Hngine mounted under the wing

equipped with pressure pickups. Fig. 9. ngine geometry.

For each Mach number and nominal incidence, the wind tunnel stagnation pressure was varied to reach
the critIcal flutter condition.

The model was built like a Mach scaled model exhibiting static deflection equivalent to the airplane
deflection for similar loads.

The model and airplane deflections were related by the scale ratio X

a m m E A I A model deflection.

M S V
2 

C I E I airplane deflection.

ag qA A A LA Is M

This is signifiant if EM = EA (elasticity modulus)
Elm AwqmE-m = - (1)

ElA qA

with E = 
I M

, 
S M v m

1 
M
. model data.

A

EA' IA' SA, VA, MA airplane data.

with the assumption that the wing gravity forces remain small compared to the lift forces (that is
particularly true for the model).

The model, taking into account (1) had the same C
L 

and Cm on the airplane and the same static

deformations for all the values ofca but mode shapes were different.

A special device (figure 10) was used to excite the model through the root (fixed in bending and
torsion) and also to introduce automatically a positive aerodynamic damping by means of an active control

loop, if a flutter risk appears.

In the present case, the main coupling involves the first wing bending mode at 37 Hz and the pitch
engine mode at 45 Hz which induces a wing torsion.

Preliminary calculations, performed with the doublet lattice method (without correction) gave a
critical flutter speed within the wind tunnel domain. The margin being sufficient to take into account

possible variations coming from the non-linearity of the phenomenon.

Finally, it is to be noticed that the computed flutter characteristics are signifiantly modified by
the introduction of the unsteady aerodynamic forces on the engine.

The figure 11 shows the power spectral density for an accelerometer located at the wing tip, for
several values of the mean incidence (reference incidence ).
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We can notice that the coupling between bending wing mode and engine pitch becomes more and more
violent when the wing incidence decreases, 1.e, when the local untwist becomes smaller.

For 
0
xnom --0.70, the bending mode is close to flutter unstability and for a z -1.5', the system is

unstable without control loop.

The automatic introduction of a flutter control law makes possible to use close loop measurements
and to derive the negative value of the damping corresponding to the open loop configuration (damping in
open loop equal to -14%.).

The figure 12 shows the frequencies and damping for the two principal modes versus the wind tunnel
stagnation pressure at constant Mach number M = 0.78.

In order to make ossible to achieve the tests in the unstable domain, an automatic control device
was introduced (figure 5).

1. Wing model Flutter half model

2. Root stiffnesSes conditions 0.8
3. Shafting TsinM :0.78

4. Clamped conditions TorsionH .7
5. Flector system 5 m i 1

6. Hydraulic actuator 4 MAG

2 - I Wing bending
0.0

30. 35. 40. 45. 50. 55. 60. 65. 70. 75. Hz

IJInfluence of the incidence
" , 14a on the fl utter

Fig. 10. Excitation principle through the root HAG
conditions.

30 35 40 45 50 55 60 65 70 75 Hz

Fpiton engine mode MA 0.78 (without control) 1.8

60 -pitc -- -
c 50

CL -1.5' *
m40----------

1.0 1.25 1.5 : -0.75*
- 0 o.0

300 35 3  0 450 55 6065 70 75Hz

. Fig. 1. Measurement imposible flutter

Stagnation pressure (bar) 4 Fig. 12. Variation of the flutter speed versus

O incidence a.

V. CALCULATIONS TAKING INTO ACCOUNT THE LOCAL TWIST

The unsteady aerodynamic forces used in the calculations were modified strip by strip using quasi-
steady experimental coefficients.

The following assumptions were made

a) The applied corrections are independent of the reduced frequency "R = (a.

V

b) The corrections derived from a pitch oscillation are also valid for a roll motion.

c) The corrections take Into account the local twist angle and the boundary layer but ignore the

interactions between the strips.

The first three cases which have been computed correspond to spanwise deformations given by three
theoretical load cases. The reference incidence angle was a = -1.50 at Mach number M = 0.78.

Figure 14 shows that for small wind tunnel stagnation pressure the influence of the loads (i.e. of
the deformation) remains small. On the other hand, for the large stagnation pressures, the critical

flutter speed varies.

The speed increases with the pressure that is to say with the untwist. The system is more and more
stable when the local twist angle decreases.

VI. Nevertheless the untwist parameter of the wing is not the only parameter acting on the flutter speed.
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60 Pitch engine

50 Yaw enginebar

e 40 Wing bending
0 7 3 ;1 '6 bar

Pas ban-d 0 1Pas band Hydraulic actuator 0 0
Control pickup/o 20 Stagnation

Il pressure (bar)

t0

0

Fig. 14. Influence of the static deflexion of
the Ing on the flutter.

Excitation input 24 Fig. 13. Bloc-diagram of the control loop.

Engine influence

First, if we compare a flutter calculation wlth or without the unsteady forces on the engine, we
notice a signifiant influence which is related to the aerodynamic destabilizing moment due to pressures
acting on the engine lps (figure 15) (calculations are made with a doublet lattice method).

Recent tests show that the unsteady pressure coefficients measured on an oscillating engine are
strongly variable with the unsteady incidence.

Till Mach number M = 0.70 tests and linear calculations agree reasonably for the incidences from 0
to ?.51.

This result is shown by figure 16.

It is possible to see that only the first 20% at the front of the engine give a lift effect ; the
imaginary part for the reduced frequency 0. 17 remains small (the reference chord being the engine
length).

On the other hand, at Mach number M = 0.78, the pressures on the external part of the engine become
supercritical (figure 17).

From this point, important variations with incidence are noticed in the unsteady pressure field, as
well as, in the unsteady global moment measured with a balance (figure 18).

M 0d,7 a-0' f20Hz
Pitch engine 

R  
0, 77 Section I

60

o 0o

50 aw _an On0e l-----o" --- ---- - I 4
400

itc0 In/  I internal engine0 Wing bending.. 1 2

stagnation , ~ .r.est M = 0,?

Fig 5I. Coprsntheory - tests, , hor oult

-- - 2 -defern-,o -th

,reln. *orcms Thor
-..... ,tho.ut tomel onl te fln5ne 0,5

0 . 0.2- x/c
'+~~ Telri l internal engine

Pig. 16. Comparison theory - tests pressure d
distribution on the pitch ocizlatnetn

engine. 0,5 engine

0.32 For example, between a = 0 and C = +2.50 the quasi-steady moment coefficient varies from 0.25 to
0.32..5 t



M 0,78 pi 0,9 bar f 20 Hz
C;

xo -10 0.2 0.1

-1,5*-0

5° -2,5
°  2 /

0I /
0.1 0.2 XIC

Fig. 17. Influence of the static incidence on
the unsteady pressures.

Quasi-steady pi = 1.6 bar
c :0,33 1_ _ Mt .a 2.5'

Vref ' Z Modulus I - M = 0
qV Re f  

' ,0

0.3.

0.2-

0.1,

0.5 0.6 0.7 0.8 Mach

Fig. 18. Evolution of the unsteady moment
coefficient (mi-chord) versus incidence
01 and Mach number.

(C.~ I1 M

( reference

The increasing value of the unsteady engine C. pitch coefficient with the incidence has a

destabilizing effect.

It is necessary to notice that in this study, the fan and engine thrust effects are not taken into
account.

VII. CONCLUSION

An investigation of the variation of the flutter characteristics with incidence of a modern civil
airplane in cruise flight conditions has been carried Out.

Different non-linear effects have been found.

First, the spanwise untwisting effect associated to positive incidences tends to increase the
flutter limits for given values of the Mach number and the dynamic pressure.

An exact knowledge of the wing deflection due to static loads is necessary to make the calculation
valid.

The linear theory modified by the strip theory using experimental lift and moment coefficients
improves the comparison between tests and theory.

More sophisticated calculations like the small transonic perturbations which take into account the
local wing twist give the same tendency.

Finally, it was shown that the unsteady aerodynamic forces on the engine must be taken into account
by non-linear methods.

The effect of a positive incidence on an engine has an unfavourable effect opposite to the wing
untwist which tends to restabilize the system.
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MESURE DES DEFORMATIONS DES MAQUETTES EN SOUFFLERTE

par M.M.CHARPIN --ARMAND -SELVAGGINI
Office National d'Etudes et de Recherches A~rospatiales (ONERA)

92322 CHATTLLON CEDEX - FRANCE

RESUME -I La Direction de I& Physique gfinfrale et I& Direction des Grands Moyens d'Essais de l'O.N.P..R.A.
ont dgfini, ala s point et expfirlment:6 des m~thodes et sayens d'esai qui permtetent de d6terminec avec
une prfictaion aatisfaiaante lea d~formsationa sous charges a~rodynasiques et sasiques de Ia plupar- des
mquettes essayfien en noufflerie.

Lea techniquea utilisaes font appel

- I sphotographie de mires rhfl~chissantes,

- 41 la esure faite par un torsiomatre I faisceau laser de langle entre le faisceso incident et
le faisceau cfiil~chi par one mire r~tro-diffusante polarisfie,

- A Is poursuite par on ddtecteur optique de position de sources lumineuses crfies par des fibres
opt iques,

-au calcul de diform~e, 1 partir de mesure de contraintes nor one mquette.

Ces diff~rentes nichodes d'essai, utilishes de manidre industrielle dana lea grandes souffie-
ries permettent sux conatructeurs de s'assurer que leurs mqettes se comportent Mlen sous charges selon
leurs, privialona lea dfveloppements en costs devraiest permettre A terse d'accrottre lea prgcisions de
mesure aInsi que Ia rapiditf d'accis sux rhsultats d~finitifs.

MEASUREMENT OF MODEL DEFORMATIONS IN WIND TUNNELS

ABSTRACT -

The Physics and Large Testing Facilities Department at OflERA has defined, developed and tested

means and methods for determining with satisfactory precision the deformation$ most wind tunnel-tested
models undergo under aerodynamic and body loads.

The techniques used are:

- photography of reflecting patterns

- torsiometer measurement of the angle between the incident and reflected laser beam on a
polarized back scattering tatget

- tracking the position,, .. ljt fiber light sources with an optical detector

- computation of the strain from stress measurements on the model.

With these various test methods, used undustriaily in large wind tunnels, manufacturers can
insuve that the their models behave correctly as predicted under load. The developments under way should
sake it possible in the end to increase the accuracy of the measurements and reduce the time needed to
obtain the final results.

I- INTRODUCTION

11 y a d#JA bies des annotes que les constructeurs se sost soucidm de donner sux maquettes Passant en
soufflerie les form~es que prennent len afironefs r~els en vol soon charge, car lea performances de ceus-ci
peuvent Itre notablement altirites par des modifications de gfoanmtrie qui semblent a priori mineures;
l'incidence o Is forme d'un profil nit voleinage du bord d'attaque sont par exemple den param~tres qul
influent cons idirabesent sr lea ripartitions de presain autnur de cc profil. La pr~svislon de ces for-
men so niveau du projet n'est pas aisie et leur restitution sur Ia inquette eat rendue tr~s difficile
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compte tenu des nombreux cas de vol I explorer dlt de Is diff~rence trils important, de structure qui exis-
te entre i'afironef cctlIa saquette. Les cas lea plus difficiles A Mien reprfsenter soot probablement ceus
oil lee structures font appel sox mt~riaux composites (fibres, r~sines) et qul soot soounlses A1 des
efforts centrifuges.

Dane Is plupart des cas, la forme de l~a maquette eat calculfe pour on cas de vol en tenant
co-pte de is diff~rence de dfiformation qui existe entre le vol et V'essel en soufflerte. Cci atant, (I
eat important de vfirlfier que lea dfiformations obtenues eo soofflerie soot bien celles qoi Aitatent
prfivues o do wnins qu'elles glen kcartent tr~s pea. Cleat dans ce but que l'0.N.E.R.A. a d~velopp6 ces
dernlares anofies des mafthodes de mure de d~formation en cours dVessel aver vent, adapt~es sos diff-
rents cas Vessals.

Ce document recense et prAseoce tea diffdreots rypes d'essais effecto~s so centre 0.N.E.R.A. de
Modane-Avrieux dana lesquels nt Ritf effectivement mists en oeuvre des techniques permettant de msurer
15 dfiformation des maquettes o parties de aquette ;lI plupart de ceo techniques font appel a des
m~thodes optiques qi ant fitf d~velopphcs par Is Direction de Ia Physique C~nfirale de I'0.N.E.R.A.

De nouvelles mfithodes de mesure des d~formations soot actoellement en coors d'6tude a
I'0.N..R.A. * nocammeot so Centre d'todes et de Recherches de Toulouse, et nt d~ji donn6 des rfisoitats
prometteors. N'syant pas encore fit6 appliqu~es en soufflerie, elles ne soot pas pr~sentges dans cc docu-

2 - MES1JRE Dt LA DEFORMATION GLOBALE D'UNE AILE ET D'UN SUPPORT DE MISSILE

Le problame consiste en Is mesure de Is d~formation globale d'une sile Ct d'on pod support de
missle A M - 0,95 dana Is veine transonique de is snufflerie S2MA de section 1,75 x 1,77 m2. nes mires
rfitrodiffusantes soot plac~es sot l'avion pour donner Is r~f~rence de Is assure et soc le nissile. Leo
mires not one Apaisseor de 0,11 mm. Elies soot constitufies d'one pellicule adhfisive recouverte de hilles
de verre de diamAtre voisio de 50 microns leur coof~rant des proprifita catadlopiriques :qoelle que soit
l'incidence do faisceso sot ls mire, lea billes renvotent Is lomiAre vera as source. Une consdquence
directe de cetie particolarich eat que poor photographier lea mires, 11 faut impfrativement que Is source
lusineose qui les Ailire suit placAc A proximitg immfidiate de l'axe de prise de vue. La divergence do
fsiscesu rhtrodiffusg est de l'ordre do degrfi, et le flux lomineux qu'ii transporte vanle de wilns de 10%
lorsqoe l'incidence do faisceao sot Is cihie crott de 0 A 40'. One photographic est faite sans vent A
l'incidence d~sir~e (25 degr~s daos notre cas) puis One sutre A M - 0,95. La superposition des deos ins-
ges en prenant colmme rfreoce lea mires placAcs sor l'avion donne directement Is ddformarlon recherchge.
On notera que dana le cas pr~seotf Ici (figures 1.2) lx d~formation W'est pratiqoemeni qo'une translation.
Cette technique de mesure assment misc en oeuvre permet d'ohtenir des fl~ches avec one prfcislon de
+0,2 mm (sot lea 12 mm msurfis) et one pr~cision sot l'angie de torsion de + 0,1 degr6.

(Fig. I) DEFORMATION GLOBALE D UNE AILE ET D'UN SUPPORT DE MISSILE
(SCHEMA)
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(FIG. 2) DEFORMATION GLOBALE D'UNE AILE ET D'UN SUPPORT
DE MISSILE (PHOTO)

3 - 14ESURE DUI DEVRELLAGE D'UNE PALE

Le probl4ame consiste en la mesure du dhvrillage d'une pole d'une h~lice tranasonique de I m de
diam~atre pouvanr tourner A 5000 tr/nn, plaefie A M - 0,75 dana Ia veine d'esai de B m do diamitre de Ia
soufflerie SlMA du centre de Modane-Avrieux (figure 3). Pour ce faire, des mires r~trodiffusantes soot
coll~e a au r iesauo d'une des pales et sut le csrfinage fixe. 11 y a deux sires sur Ie saumon, l'une
vets le bord attaque, l'autre vera le bard de fuite LaI droite lea joignant dffinlt one corde. Le
rfiseau de mires placfi sur le car~nage fine permet de d~finir Ie triAdre de, r~ffirence 'lana lequel sera
dfitermin46 le calage, global du naumon Z r~sultant de Ia sneme du pas de lhfilice et do son dfvrillage
(figure 4). lb appareil photographique plac& aous Ie plancher photographie lea mires lorsqu'ellea sont
6clairfea par l'Sclair d'un stroboscope dficlenchfi par un dispositif 114 A Ia partie tournante. Cinq
photographles soot prines pour chaque point de assure. L~a durfie de, 1Lfclair du stroboscope calcul4e au
1/3 de l'intensit6 rasainale de non Pic eat de 1,2 pas Ce qui donne n finn de 0,3 em pour une vitesse de
rotation de 5000 tr/sn. lin exeinpie de ph.otographie prise en essai eat donn6 en figure 5. ion exploitation
ent faite aur n rficepteur groanlasant 6quip6 de deux r~ticules mobiles qai permet d'obtenir lea distan-
ces X1 et Y1 (figure 3) avec une pr~cision de + 0,1 mm. La comparaison des calages globaux obtenna aver
rotation de 1ih~lice durant dens essais (avec et sans vitesse d~fioulement amont) et en tenant compte des
affichages du pas penner d'acc~der ax angles de d~vrillage des pales de, Vh~lice aver one prficision de
+0,25 degrs.

CI14 009

(Fig. 3) MONTAGE D'UNE HELICE TRANSSONIOUE DANS LA VEINE
D'ESSAI DE 5S1MA
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Mire de bord d'attaque

* PARTIE
TOURNANTE I

Mire de bord t--"de fuite ",---------------....................

PARTIE
I FIXE

Reseau de mires servant a

rorientation des cliches

(Fig. 4) MESURE DE DEVRILLAGE D'UNE PALE

] Mires d'extremite
de pale

I Mires fixes

(Fig. 5) EXEMPLE DE PHOTOGRAPHIE PRISE EN ESSAI

4- DETERMINATION DE LA DEFORIATION DU BORD DE FUITE D'UNE AILE
ET DR SA TORSION GLOBALE MESUREE SUR SON SAUMON DEXTREMITE

Les msures sont faltes sur laile d'une demi-iaquette d'avlon civil montre au plancher de la
veine dessal n* I de la soufflerie SiA (voir figure 6). Lessal eat conduit dans une gamme de Mach
comprise entre M - 0,5 et M - 0,8, et pour des incidences comprises entre 0 et 3,5 degrfs. La demi-
envergure de Is maquette eat de 3,80 m.
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(Fig. 6) DE111-MAQUETTE MONTEE AU PLANCHER DEL LA SOUFFLE RI E SINA

4.1 Mesnre de ia dfiformation du bord de fuite

Le bord de fuite de Ia maquette est fiquip6 de 11 mires r~trodiffusantes num~rot~es de 0 A 10
(voir figure 7). La mire 0 sert d'origine pour l'expioiration des photographies (voir figure 8).

Dens sires r~fl~chissantes A et B plac~es an voisinage de 1a voilnre permettent de d~finir avec
prficiaion snur chaque cLiCIL6 Is s ystame d'ame par rapport auquel les mesures soot effectufes (voir figure

L'apparell phorographique assocl& A as torche flash est piac6 dans un caisson au d~but d!. dif-
fuseur de la soufflerie (voir figu~re 6).

La restitution se fait snr n appareil de projection Aquip6 de dens rfticules orthogonano Li~s
A un dispos it if antomatiqne de num~risation donnant les coordoonnes X et Y de chaqne mire par rapportA
I'origine des axen (mire A, B et mire 0). Un dessin repr~sentant Vlmage one sur L'6cran de projection
est prfisent6 snr Ia figure 8.

La dfiformation brute du bord de fuite de Ia vollare eat obtenne en faisant la difi~rence des
coordonnfies des mires obtenues an coura d'un essai aver vent et an conrs d'un essai sans vent. Cette
d~formation brute est ensuite corrigge de Ia dfiformation en ronlis de L'ensemble dynamom~triqne qni mesn-
re les efforts afirodynamiques anr La maqnette.

La figure 9 pr~sente I'svoltion des d~formatlons; du bord de fnite de la voilare en fonction de
son envergure relative ponr cinq nombres de Mach A one incidence de 2 degrfis. A c~tfi dn repfrage do nor-
bre de Mach est portA Ie prodoit Qo x to qui reprfisente la charge sp~cifique moysone snr Ia voilnre ;of
Les coorbes avaient Wt tracges en saleors, r~dultes d~formation elies aurajent ktk pratiqoenent

Qo x C.
confondnes ; a volinre se comporte comme on syst~me filastiqoc snr lequel ile r6partitton des charges est
peu n1f lnenc~e par l'6volotion dn nombre de Mach.

90%

0 %

50% (Fig. 7) POSITION DES MIRES SUP LE BORD DE
40% -.0 FUITE DE LAVOILURE

30% -0

20% --0

0% 

-4 Plancher de )a
Fuseageverne dessai
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1205

404

---------- 5-6

(Fig )DEORATION DUEBORD DE FUITE D OP LA VOIUE

DEFORMATION D

20~m 7AC9580

40

MACH=O - .I 0
(*00

1 0 10 5. 40 5 o0 50 50 30

ENVERURE
(Fig 9) DFAIUD CRETE AE CETE DEL VIBAIONSE
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Chaque courbe de Isa figure 9 eat en fait d~finie par Isa myenne de 5 clich~s consficutifs dont
lIa dispersion donne use idfie du niveau de vibration de, Ia voilure ; Ia figure 10 montre pour M - 0,5 et
M - 0,8 lea ficarta cr~lte A cr~te relev~s le long de lenvergure. Ces &carts crfte A crfte croissent aver
Vincidence (non montrh ict) et aver l~e nombre de Mach pour atteindre 8 mna au niveau du saumon d'extr~mi-
t6 de voilure, I M - 0,8.

4.2 -Meaure de lIa torsion globale doune aile meaur~e aur son saulson d'extrfiaitfi

La aesure de Ia torsion de l'aile eat effectu~e A laide d'un torsiom~tre dir OP-Efi? assoclE A
une cibie r~trodiffusante polarln~e collfie sor l'extrhitf de Isa vollore. L'adaptation de l'appareillage
de baae sx essais en souffierie a fait l'objet de travaux trL'n Inportants mnks A bien par Ia Direction
de Is Physique G~nfirale de l0O.N.E.R.A. 11).

4.2.1 - Princijede jaasmeaur~e

Le d~tail de Isa technique de, mesure ainsi que lea prhcautions A prendre pour obtenir doe boone
pr~cision aont d~crita dana le document pr~cit6 noun ne donnerons inf que le Principe de fonctionnement
du torsiosiatre.

Le tornion~tre eat constitu6 d'un 6netteur rficepteur et d'une cible rfitro diffunante polarts~e

col116e sur e saumon d'extrmtS de voilure 
(voir fig. 1).

L'fmetteur r~cepteur coaporte on laser dont le faisceau incident polarisE par do prisme
polariseor tournant Eiclaire l~a cible A travers one bobine de Faraday qui nodule le plan de polarisation.
Le Principe de Is mesure eat le auivant : I cible 4tant 6clairke, on fait tooroer le priaine polariseor
de mnare A obtenir lextinction do faisceau rfl~chi. Cette position du prisme polariseur d~finit
lorigine des mesores angulairen. Si maintenant lIa cible tourne doun angle o, ii faudra faire tourner le
prisine polariseur doun angle - pour obtenir A nouveau l'extinction. La mesure de Is position angulaire
du prisme polarfseur permet dooc de d~ftnir lea angles de rotation de Ia cible polarisse. Une hobine de
Faraday placge sor l~e faiaceau incident et alimentfie en courant alternatif module l'orlentation do plan
de polarisation de re fatsceau.Cette modulation perset de g~nfirer le signal d'erreur qoi aert A asservir
Isa position du prisae polariseur tournant A Isa position de lIa cible. Cette pr~sentation condensfie de lIa

lea recommandationa essentielles suivantes:

CIBLE COI LEE SUR I A rIAQUETTE FI-IFTEUR RECEPTEUR

ot FCUCHEPOLAISEE PRISME POLAPISEUP TOURNANT

a 11 TRANSPARENTE

PREFLECTEUR SCKOTCHLITE

ANALYSEUP IlESURE NUIIEPIQUE

(Fig I1H TOPSIOflETRE

- travaillier sans hublot, ni niroir entre 1linetteor et lIa cible

- ponitionner 1'Emetteur et Isa cibie de oanl~re A n'avoir que de falbles angles du faisceau incideni nor

Isa cible;

- trier lea cibles poor avoir one bonne plan~it6 et one boone uniformit& do plan de polarisation

- positionner le rayon incident toojoura ad smine endroit nor len cibles.

4 4.2.2 - lmplant~ation do torsicom tre dan Ia sooufflerie

La maqoette montge ao plancher de lIa souffierie eat fiqoipge de deon cibles r~trodiffosantes
collfea lone sot le saumon dlextrfitt d'aile, Vautre aur le fuselage. Cette derni~re nert de
r~fl-rence ; neat Ia diff~rence d'angle de torsion entre res deux ribles qui donne langle de torsion
global de Ia voilore. Le torsiom~tre moorE sur one platine articul~se nuivant dens axes orthogonaux eat
fix& au plafond de is veine d'essai (figure 12). Cette disposition et ce montage permettent de position-
ner succensivement le faiaceao laser nor chacune des cibles quelles que snient lea variations de posi-

faiareau incident nor lea cibles. Le pointage do faisceau laser nor lea ribles en otilisant lIa platine
articolfie t~l~command~e se fait A l'aide doune camC-ra vidfio.{ osd elsc fnto elicdned smqutee e ~omtos vcd abe nlsd



Torslo~ --

' , 5upport motoris6 pour,
le pointage sur les cibles

Cibi

VENT I

I _Cible de r~fereflce
'IIIIIII//I!/I/IA I /77777

(Fig 12) IMPLANTATION DU TORSIOMETRE DANS LA SOUFFLERIE S IMA

D~es insures d'angies soot faites sans vent pour lea difffirentes positions g~oa6triques de Ia
naquette (correapondant sos positions prises par ia msquette quand on fait varier son Incidence) ;is
d Iff6rence en re lea mesures avec vent et ceties sans vent faltes dans lea moses conditions donne leg
angles de to rsion sous charge.

4.2.3 - Rfisultats

La figure 13 montre l'fivoiution de t'angle de torsion en fonction de Ia charge de portance Sur
is voilure ;cleat approxilativemsent one droite. Les groopes de points donsent one idfie de Ia dispersion
des nesures.

Co2500 9000 Z
(JN)

-0.5 4(Fig 13~) EVOLUTION DE LA TORSION

TORSION 1\(J-)

4.3 - Vaiiditfi des r~soltats obtenos

La platine articolge n6ceasaire A Ia poursoite des ribies dana le paragraphe 4.2 eat Eqoipfie de
potentiom~tres permettant de resritoer Ia position do ssotllon d'extr~mitfi de Is voilore. La difffirence de
pos itionnemaent avec et sans vent donne Is d6fornatIon glohate do hord de foite de ia voilore qoi eat cosl-
parke dana le tabieao ci-dessoos sox rfisottata obtenos par is techniqoe photographique do paragraphe 4.1.

Photo hord de foite 30 5i 58 63 73



12-9

Cee valeurs sont assez voisines pour quoune coafiance, raisonnable se d~gage des r6suitats obte-

La torsion de Ia voilure a aussi &itt mesurfie, en utilissot I& technique photographique do pars-
graphe 4.1 pr6c~dent, pour Is point Is plus charg&k oO l'angle de torsion est de - 1,3 degrfi. Lee huit
clich~s exploitfis donnent des valeurs de langle de torsion compria entre - 1,17 et - 1,34 degr6, gut
entourent bien lea mesures effectuges avec, le torsionitre.

4.4 - Comparaison calculs - easais

L'A~rospatiaie avait calcui& lea diorniations, qui devatent 6tre observ~es sur !s saquette en
essat. La figure 14 ntre is comparaison entre les calculs AS et leg mesures faites en snufflerie. La
concordance est tout 9 fait satisfaisante.

TORSON AZ 6-4Af. 1

42 - Calculs A5 0.03
+ Essai a S IMA

0.8 0.02
Torsion--

0.6

0.41 + 0.01
-Deformationd(U

01 bornd de fuite

0+1 0.4 0.6 0 97T

(Fig 14) COMPARAISON CALCUL - ESSAJ

5 - DETERM4INATION DE 'LA DEFORM4ATION DU BORD DE HI1TE DiUNE VOrLIIRE
A L'AIDE D'UN DErECTEUR OPTIQUE DE POSITION

La connaissance prficise de Ia position d'un peigne de siliage par rapport A Ia voilure d'une
maquetre placge A son amoot a ndcesstrg Is vise as point par is Direction de Is Physique de VO.N.E.R.A.
d'un dfitecteur optique de position [11) [21 131. Cet appareil qui, ssoci6 ao n~canisme de d6platement do
peigne, est capable de poursuivre pan i pas diffgrentes soirces issineunes, a donvi en complfavont de s
fonction d'ortgine Is dfiformation do bord de fuite de Is voilure.

La description dftailie do fonctionnevent do d~tecteur optique sinsi que a validation en
laboratoire soot donnfies dans [11, ous ne prfsenteroos ici que son uttliostion dans le cadre d'un essai
effectu6 nor one saquette d'avion civil mntfic dans Is veine d'csssi de Ia noufflerie SIMA.

5.1 - Description de l'figuipement et de non fonctionnenent

La naquette et non peigne de sillage soot nons nor le m~me dard support ;v le canisme de
d4placesent do peigne supporte asni le dOtecteur opttque (figures 15 ct 16) et peut se d~placer suivant
len 3 aces de coordo...les rectangulaires X, Y et Z. li~s A Is maqoette, Les positions do d6tecteur (o dI
peigoe) par rapport A ce tri4dre sost calcul~es i partir des nignaux den potentiometres do mficsninve de
d~placement.

La voilure de is vaquette ent Pqulp(?e de 3 fibres optiques A, B, C, door len extrfisitfs se ter-

vein l'aval 3 fsisceaux lumineux d'angles d'ouverture 44 degr~s. L'6clairage est assur& par so illumine-
teor cospos6 d'une laspe A iode et d'uo condenseur assursot lintroduction de Is luml~re 5 l'ittrieor
den fibres. Cet ensemble ent situli A environ 10 m de Is maquette.

La portie sensible do d~tecteur est constitu~se 4v 2 plages photo sensibles juxtapos~es (figure
17). Quand, par exenpie, l'onsevble do dispositif est plac6 plus has que le bord de fumte de Is volure,
le falaceso isaineux provevalt de I'une den fibres optiquss ficlaire plus la plags photo snsible lo has
do dfitecteur, celut-ci fouroit on ordre de vontfie au msicanisme. Cet ordre s'annule quand I'6cisirage est
identique sur lea deux plages Icl disponitlf est altm positionnP en face do hard de fuite et Ilon relP-
vs Ia vaisur des signaux des potentiom~tres plac~s sur le s~ranisme afin de calculer Is position de
celui-ci dens Ie triddre Xt, Y, Z. Len diff~rences de positions relevfes avec et sans vent donoent len
valeurs des dfiformat ions do bord de fuite sous charge.
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(Fig 15)MAQUETTE ET 5ONPEIGNE DE SILLAGE MONTE5 DANS SIM-A

Fibres optiques

C

Detecteur de position

(Fig 16) DEFORMATION DUNE VOILURE

Fibre optique$ 06

Detecteur

E--lectronique

Zone sensible

(F ig 17) DETECTIEUR DE POSI TION

Les coordonngea X ttc Yi de chacune des 3 extramitfis des fibres optiques sont d~termin~es avant
1'essai, sans vent, Le d' tecteur optique nagit sur le m~canisme de dfplacement que pour effectuer des
mouvements suivant 1'ae des Z et rattraper lea d~foraions de la voilore sous charge.

5.2 - RUsultats

Des maures de d~fornation ont fit6 faites A M - 0,5 - 0,7 et 0,85 en ajostant A chaque fats
I'incidesce de Ia maquette afin d'obtentr on coefficient de portance onstant figal a 0.4. Les rfieoltats
son t pr~sent~a sur Ia figure 18. L'Ltagement des courbes ne correspond pas A on effet de Mach nwis A one
diffhrence de charge suc la voilure correapondant A 1'augmentation de la pression cinfitique avec le som-
bre de Mach, Ia soofflerie SI travalllant A presmion gfin~ratrice constante figale A Ia pression atmisphA-
rique.

Dens lea cas d'essais saae vibration Ia pr~cision des aesures est de l'ordre de 0,1 mm et est
lipaitte par 1a rfisolocion des potentiomAtres places soc le mficanisame de d~placement ; a sensibilitf do
d~tecteor lot-am~ie est voisine de 0,01 m.



OoCz
40

M=0.85 11340

M 0 7 8892
20 M=0 5 5292
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(Fig 18) FLEXION DU BORD DE FUITE DE L'AILE POUR ClZ~u 4

6 - MESURE DES DEFORMEES D'flNE PALE DE ROTOR WELICOPTERE
PAR INTEGRATION DES CONTRAINTES

6.1 - INTRODUCTION

Lea pales d'un rotor d'h~licoptAre en fonctionnement subissent den dfiforations snus l'effet
des forces agrodynamiques et massiques qui leur sont appliqu~ea ;la cunnalsbance de ces d~fnrmac ions est
nhcessaire A piusteura titres:

- pour entrer dans lea mfithodes de calcul den rotors comme un glement indispensable d~n que le calcul
atteint us certain stade de perfeccionnement;

- pour coaplhter lea aures de pressiun sur lea pales en fournissant lea Pl16int n~cessaires pour le
calcul de l'incidence a~rodynamique r~elle;

- enfin, ASventuellement, comae use contribution A l'4tude des phsnois~nes vibratoires du rotor.

6.2 - CARACTERISTIQUES DlU PROBLEME

Ce paragraphe pr~sente lea grandeurn A meaurer at rappelle lea conditions den ennals de rotor
d'b~licopt~re effectugs dana La soufflerie S1 du centre, de Mudane-Avrieux.

6.2.1 - Grandeura i mesurer

Lea d~formations a connattre en premier lieu sont Ia torsion et ia flexion en battement
(figures 19 et20).

PALE

(Fig 19)

TORSION
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AXE DU ROTOR

PALE

(Fig~ 20)

FLEXION EN BATTEIENT

La corde de Ia pale du rotor essayG est de 210 mtlitres. Une torsion de 1/10 de degr6 induit
one difference de niveau entre le bord d'attaque et le bord de fulte d'environ 0,4 millimetre.

Pour un r~gime t.bli les d6formattons sont des toncttons pgriodiques du temps, do r~ne p~riode

que Ia rotation du 
rotor.

6.2.2 - Conditions de l'essal (figures 21 et 22)

Rotor tripale

Diametre 4 metres ) plsnitude T . 0,10
Corde 210 mm )
Profil NACA 0012 sans rillage sur toute Ia longueur de la pale
Excentrlcitf de lartlculatton de b.ttent : 78
Rfi6ims de rotation : NR  870 i 1 100 tr/mn.
Vite53es en bout de pale U - 180 A 320 ./s.
Incidence de I'arbre du rotor : %Q de + 8' S - 32'; posslbilfit de placer I'axe horizontal.
Pas d rotor z de 20 A + 17°.

Angle de battement p jusqu'A + 5' au cours d'un tour, soit un d~place-

ment lu bout de pale de + 170 mm autour de la position movenne.

Pour ces essais Ia vitesse varle de 0 A 100 m/s, et le paramtre d'avancement A -.- _ de 0
0,5. U

-32°

VENT 7

ROTOR
\'7 /

f c5'

-90°

= (Fig 21)
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(Fig~ 22) ROTOR DOHELICOPTERE EN FONCTIONNEMENT DANS LA
SOUFFLERIE SIMA

6.2.3 -Caractiristluse sentLel It jnpoblme

Toute Ia dt fficultE de Isa wsure des dfiforsmations apparalt dana Is comparasan des Cl~nenta de
ces deux paragraphesa au niveau d. bout de pale 11 fast neaurer des dgfornsations de l'ordre do millia-
tre sur so objet fivoluant A 200 m- sur une trajectoire qui d~pend de noambreux paratnatres Q IS

6.3 - PRINCIPE DUi CALCUL

En Coors d'ensat des punts de jauges aesurent lea mmeots de flexion en battement et de torsin
appliuuis A la pale et il eat en Principe possible de calculer lea d~forationa A partir de cen meaures.
Pour lea premiers esaas, ces c.lculs ont fitE effectufs aver lea hypoth~ses sirpli ficatr ices nuivanten

-lea d~forationa aunt filantiques, donc additives. ii1 eat possible de calcsler s~par~ment lea d~forama-
i lons sous cbarges aoyenoea et lea dEforatst boa soon cbarges dynaeiquea, Ia d~format ion totale eat Is
somme den deux (figure 23)

DEFOM AATIO TOALE DEFORMATION DYNAMIQUE

DEFORMATION

MOVE NNE

TEMPS

(Fig. 23)
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-lea coefficients de tarage d~terminis sous charge statique aunt aupposfs valables anus charges dynasi-
ques (des prdicauriona sont prises lors de leur insure pour qu'il en solt ainsi);

- lea ponts de jauges aunt bien rhslisls et buen placis, caest A dire que chacun d mix n'est sensible
qu'i us seul type de dlformation. Us pont de fission en battement, par exesple, ne donne pan de signal
lorsqu'os applique un couple de torsion. 11 eat donc &ais qu'on peut calculer ind~pendasaaent lea dean
daformations de Is pale (torsion, battement);

lai courbe de r~partition des moments en fonction de l'envergure eat Is courbe la plus tendue
passant par len diffhrencs points de insure (figure 24). Use courbe telle que celle trac~e en
puintillA correspondrait A des systilmea d'efforta compliqu~a o bien, dans le cas den vibra-
tions, A des vibrations de fr~quencss &ilevAes donnant des amplitudes faibles, superpnsfiesA
une vibration fondasentale (courbe pleine). Dana Voun et l'autre cas, pour une preniare
approximation, seule la courbe cendue sat consid~r~e.

La courbe de r~partition des momenta en fonction de lVenvergure &Stant trac~e, l'aquation de is
dhfur.he de Ia pale pout Acre calculle :par une double inrigracion dana le cas de Is fiestas, par use
simple intigrat ion dana le cas de is torsion.

MOMENT + ontd eIue

Distance a (axe

(Fig 24)

Flexion (figure 25)

x Distance de Pane d'arriculation de Ia pale en battenent (01) A une section. Positive vers
l'esthrieur do rotor (figure 26).

M Monent de flexion. function de x.
E Module d'Young da nat~riaa.
I Mnser.t d'inertie de ia pale pour Ia flexion cnid~r~e.
r Rayon de coarbure de Ia d6fnrtnie. Fonction de x.

9 Angle entre dean sections de is pale apr~n d~fnrition.
y Daplaceinent perpendiculaire A Ia pale Induit par la dfornatinn.
f l~cbe de Is pale, valear de y A l'estrhaitE de Ia pale.
1 Longueur de Ia pale, de l'origine an bout de pale.

La pale &tant consid4e comae on corps &lanc&, 11 ent possible de lui appliquer len Cqaat ions
6i6mentaires:

En inthgrant 2 fois

B ! X +x +

ET

c s



En prenant pour La sect ion origine x 0 -0 et yo 0

0

Torsion

C Couple de torsion, fonct ion de x.
G Module d e torsi on.-

It Moment d'iner ti e en torsion.
Z Angle de torsion

w Rot at io n en bout de pale.
Autresa notati ons inch.angfies.

MOMENT

X

AXE DU ROTOR

PALE

PARTIE PLASTFOUEV__________MOYEU I PARTIE METALLIQUE
1 0 AXE DARTICULATION

(Fig 25) (Fig 26)

6.4 - DIAGRA4NE DES MOMENTS

L'ase des fx es t i'axe de la pale, dans ie plan de sym~trie de la pale, parall~le au bord d'at-
taque A 25 % detprofondeut, positif vein l'ext~tieur do rotor. L'origine est choisie en 01. axe d'arti-
culation en battement (figure 26). Lorsqun La pale eat Sibre autour de son articulation, ln moment de
flexion est nul en 01.

Les signaun 4lectriques fournis par les ponts de jauges snt transform6s en nsoments et tracgn
en fonction do temps (donc, de l'azinut 141 ). Ils prfisentent lea caractares suivants (fi gure 27)

-l usnont p~riodiques, Scot p~riode not le tout

-lea moments d~tectfis par lea diffstents posts sont en phase

- leurs ealeurs moyennes sont mal dfifinies ;elles nont connues A 15 % ptis, parfois mons bin

- sous charges dynamiques le mat~rlau, des pales an roaporte tome un corps filastique et Ia partie
dynamique des signaux eat rfguli~rement p~tiodique en amplitude, frfiquence et phase d~n que Len
conditions d'essai aunt fimhies.

Pour us type de d~formation choisi, par exmple la flexion en battement, plusieurs diagrammen
de r~partition des moments en fonction de Senvergute seront trac~s (ffgure 28) : o'n pour s valeur
moyenne des momenta, iens uttee pour len valeurn dynamiques lnstantan~es den moments qut correspondent
sux azimuts o3 Lons lea moments passent simultanfiment par us minimum ou on minimum :par exempie nut le
deasin de la figure 27 MAS, MBi et MCI pour i'azimut f, et Ie Lemps f 1 .

A partir de Chacun de cnn diagrammen on calcolera L'6quation d'une dfiformfie 81&fmentalre de la
pale LaI d~form~e totain de La pale A us instant donnfi sera trouv~e par combinainon de tea d6formfies
filimentaires. Ainsi pout l'azimut * 1, A S'istant t5 , la dfiformAe tntale eat S tombinaison de Is
dfiforafie moyenne et de la d~formuie dynamique A 1'inatant 1

Cette fa.;on de ptoefider permet de donner use bonne destription de l'6volution de La dfform~e de
La pale au tours d'us tout.
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MOMENT

MAI Pont A

Pont B

Pont C
MCII (Fig 27)

TEMPS
W 1o Y, y, Y- 0o. 3,o-AZIMUT

I 1 TOUR

MOMENT MOMENT MOMENT
MOMENT DYNAMIQUE DYNAMIQUE DYNAMIQUE
MOYEN POUR "1€ A L POUR Y2 A L2  POUR Y3 A L;

(Fig 28) A BC A BC A B C

I I I I
DEFORMEE DEFORMEE DEFORMEE DEFORMEE
MOYENNE DYNAMIQUE DYNAMIQUE DYNAMIQUE

A L'INSTANT L, A LINSTANT L2 A L'IN5TANT t 3

6.5 - VALEUR DE E.I (o. GI,-)

Le mat~riau des pales 4tant complexe, ii eat diffictle de calculer les termes El (Clt). Ces
coefficients ont donc AtA dgterminss exp~rlmentalement. Par exemple, dans le cas de lx flexion en

battement, la pale eat encastr6e 5 son attache et chargge A son extrsmlt libre (figure 29). En nesurant
1 et f il eat possible de calculer El, en effet

p13 P133
E El 

3
f

(Fig 29)

Valeurs mesurfes pour lea pales

flexion en battement Elb 1 690 Nm
2

torsion GIt - 19 Nm2/degrS



6.6 - EXEMPLE DE CALCUL

La suite du document est enciusinenent consacr~e A 1'application de la n~thode pour Ia flexion
de battement, sur u. n asdess a, Inyen, A partir des signaux reiev~s en cours d'essat.

La figure 30 nontre l'6voiution du monent de flexion en battenent en function de lenvergure de
la pale (.) pour La valeur wnyenne et les valeurs dynaniques nun aztnuts g 71' * 172' et 315*. La posi-
tion des ponts de jauges suivant lennergure est rep&r6e 2 , 3 . .. 8

La figure 31 nontre 116volution de langle e entre len sections successInes en ennergure trac6
en function de Ltenvergure de la pale (x). Les trots courbes correspondent nun charges dynaniques pour

len azinuts 41 - 71', 172' et 315* et sont obtenues (au facteur L-pr~a) par int~gration den courbes
currespondanteR de La figure 30 prfic~iente. El

La figure 32 nontre len dfnruses de Ia pale soun lea charges dynaniquen pour len azimuts
71%, 172* et 315' ellen suet obtenues oar intfigration des courbes correnpondantes de Ia figure 31

La figure 33 prfisente directenent La d~fornfie noyenne de Ia pale ubtenue par double tntlagration
A partir des valeurs noyenues du monent de flenion pr~sent6 nor la figure 30.

Les d~forn~es totales sont obtenues par coabinalson des courbes des figures 32 et 33 et suet
pr~sentges nor la figure 34. L'ane on repr~sente La pale non d~formge ;c'ent cettC direction qui est
reprisnetfie dans Vespace par langle battement Pb . La valeur de La d6formfe en entr~nlt6 de pale corres-
pond S Ia f14che qui pnurrait Etre mesur~e sur le saunon d'extrgnit. C'ent l'Avolution de cette fl~che
en function de Vazinut qui est reprfisentfi nr la figure 35 (Cns naidant de calculs nun pr~sent~s i).

MOMENT DE FLEXION
EN BATTEFIENT
(m AN)

VENT y 33s

f'l-aeu oyenne Y.A1Y=

L. Origine des x \j 1-

de battemneni X 2
~I T

/__Y 7 1 (Fig30)REPARTITION DES MOM~ENTS EN
FONCTION DE L'ENVERGURE

4 ------- A

Axe dujY 4

rotor . ns
x

(Fig 31) EVOLUTION DE LANGLE 8 SOUIS CHARGES DYNAM'IQUES

OW) ,-J- MWx dx
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10 Y x ) dx A2 .

04 y' 412'

Axe du -3S

roo Extremite de . a pale x
-140

(Fig, 32) DEFORMEES SOUS CHARGES DYNAMIQUES

Axe duo1
rotor -

A\xe darticulation
Extremite de ]a pale

(Fig 33) DEFORMEE MOYENNE

10 - ~ Extremite
de la pal(,

Axe du Get ormee moyenne
rotor I -- -

(Fig 34) DEFORMEES TOTALES EN BATTEMENI

F Ieche Moyenrie\ -

(TEMPS)
Y

(Fig. 35)
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6.7 - CONiTROLE EXPERIMENTAL DR LA HETHODE

L'Incoov~snient de Ia mltbode eat que, fauto de woyens de recoupement, on ne salt queule
conflance accorder A sos r6oltata. Un contr8le emp~riaental sans vent a IbrR effectoPi A l'uccasion de
travaux ex~cutfia our le rotor d'hhlicoptare.

Lea pales aunt encaatrhes stur le moyeuo le rotor est immbile. Un pot d&emcitation ontraine
i'estrgrmitG de Is pale done on mouvement sinusoidal impos6. La fr~quence et is force d'oscitation peovent
LS'tre rigihae, ce qul permet de dfitecter lea fr6quencoa natorellos des pales, flesions en bartesent
(figure 36).

Pour La frhiquence do fondamental de flexion on battemeot la dhformhe de Is pale eat relevfie,
ainsl que l'amplitude de Is force appliquhc et is d~placemont do point d'emcltation. Simuitan~ment len
siRgnaux fournis par len punts de jauges soot traitfia pour obrenir l'6quation de is d6fcrm6e. 11 ost slorn
possible de comparer lea traultats do calcol sum nmsores empbrisentales. Le tableau ci-dessous donne len
termos de cotte cuaparaiaon.

Fodrce Grandeur: Calcul
Mode - Fr~quenco d'eci- carscthris Esp

6
- par int~gration

tation quea rience

FundamentaL de fle- 0,2 N 5,61 w 6,0-
stun en bartement Flacbe en

bout
dWaite

0,1 N -2,70 mmj 3,0 n

L'accord ontro les r6sultats de l'enp6rience et du calcul ent bon surtout si on cuusid6ro que
lo trac6 du diagramm des moments ont appromimatif do fait au petit nombro de pouts de jaugos disponi-
blen.

AXE DU ROTOR POT D'EXCITATION

PALE

MOYEU

(Fig 36)

7 -CONCLUJSIONS

La direction do la Pbysique C6n~ralo et la lirection des Grands Noyons d'Ensais do l'0.N.E.R..
ont d6fini, mis so point et emp~rimontfi des mltbodes ot noyons dVessel qol permetteut do d~to-nsler avec
une pr~cision satisfaisante les dhfurtmatiuns soon chargos a~rudynamiquon ot massiqoes do Is plupart don
saquetten essay~se en noufflorie.

Los tecbniques ,tilis~en font appei

- A Is photographie do niceL r~fi6cbisssntos,

- A Is insure faite par on torsiormitre A faisroso laser do i'anglo ontre to fafncoau incident ot

le faisceso, ruflnt par une mire r6tro-diffanre polaris~o,

- A is poorsuite par on d~toctour optique do position do sources lumineusou 6-msns par des fibres
opt iquos,

- au calcot do dhformAe, A partir do mesure do cuntrainros stir une mqoerto.

Con difffronts muons d'onsai, otiiis~s do mani~ro lndustrill dans lon grandon nouffLorion per-
mettost aos constructours, do s'assrer quo lears inqoertes so comportent bien soon cbargos solon boors
prfivisions ;lea dhveluppemours en tours dovrsient permorrtre A tome d'sccrottro les pr~cinions do mesure
sinai quo la rapidit6 d'acc~s sum r~suitsts d~finitifs.
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RECORDER'S SUMMARY

by
E. Carson Yates, Jr., Chief Scientist

Loads and Aeroelasticity Division
NASA Langley Research Center

Hampton, Virginia 23665-5225, U.S.A.

Ten papers were presented at this specialists' meeting, half of which were concerned
with aeroelastic-analysis methods for specific types of aircraft. Three of the latter
focused on combat aircraft (papers by Sharpe and Newton, by Petlau and Brun, and by
Schmidinger and Sensburg), and two involved transport-type aircraft (papers by Roustan
and Curbillon and by Eckstrom). Of the remaining papers, two were on static aeroelastic
effects on flutter (by Destuynder and by Yates and Chu), two were concerned with
designing, building, and testing static aeroelastic models (by Honlinger, Schweiger, and
Schewe and by Charpin, Armand, and Selvaggini), and one addressed the problem of
divergence (by Niblett). This distribution of papers seems reasonably representative of
the emphasis currently being given to the subject matter.

The paper by Sharpe and Newton showed that even for a relatively close-coupled cranked-
delta-wing/canard fighter configuration, fuselage flexibility and freedom can
significantly influence roll effectiveness and that even though fighter aircraft are
designed for high load factors, inertia loads can signifIcantly affect comparisons of
longitudinal stability for the "fixed" and "free" conditions. Thus, aeroelastic
moleling of the entire aircraft Is needed as early as possible in the design process.
Additionally, store loads (both inertial and aerodynamic) are shown to have substantial
effects on wing distortion and loads for a variable-sweep fighter. Although important,
early design consideration of such loads is difficult because of the multiplexity of
store combinations most fighters are intended to carry.

Starting from banic principles and assumptions, Petiau and Brun presented a
comprehensive tutorial review of the aeroelastic analysis methodology employed at one
aircraft company, including the organization, management, and efficient use of finite-
element structural models and both linear and nonlinear aerodynamic methods in
application to a range of static and dynamic aeroelastic problems for complete aircraft
configurations. Some familiar problems were addressed, such as the structural-
aerodynamic interface, use of influence-coefficient methods and modal methodb including
truncation sensitivity, use of a load-basis method for problem size reduction, and
modification of the computational model by use of measured data. For application to
control, maneuver, and dynamics problems in general, unsteady aerodynamic forces are
represented by the usual methods of rational-fraction approximation or unitary response
by means of Fourier decomposition. A few applications of these state-of-the-art
procedures were presented.

The paper by Schmbd er andSenslarg Degins with a review of some established
procedures for making aeroelastic corrections to aerodynamic coefficients and
derivatives by use of increments and flex-to-rigid ratios and illustrates their
application to the roll maneuver of a fighter configuration with and without wing-
mounted stores. The results emphasize again the importance of combined consideration of
aerodynamic and inertia forces and teir effects on aeroelastic deformations and
performance. This paper also presents some results of a design study to configure
flaperon controls to meet specified roll requirement while minimizing hinge moment and
weight of the composite structure. This seemingly modest and simply stated problem
involved conflicting requirements and constraints and became a fairly complex exercise.
The need for multidisciplinary computer-aided design opimization processess is again
clearly indicated.

The paper by Routa and Curbillon set forth procedures for making aeroelastic
calculations and corrections based largely on linear aerodynamic and structural behavior
and illustrated them in applicatlon to transport-type aircraft. Variations of

qcoefficients with Macn number in forms like those for the rigid aircraft are
represented, however, and, of course, deformations and their effects on loads may not le
linear. Effects of aeroelastic deformation on aerodynamic derivatives, loads, handling
qualities, control effectiveness and reversal, and divergence were considered.
Requirements for aeroelastic analyses and information at various stages of the design
process were Dcinted out, and the need to incorporate flexible-aircraft characteristics
in flight simulatcrs was also indicated.

The paper Dy £tesand Chu presented an attempt to calculate the effects of angle nf
attack and associated aeroelastic deformation on the flutter of a highly swept
supercritical wing for which experiments had shown unconventional transonic flutter
boundaries for angles of attack of one degree or more. An iterative procedure was
establishei so that flutter and the statically deformed shape about which the flutter
oscillation occurred could be calculated at the same dynamic pressure. The
unconventional backward turn of the flutter boundary was calculated and shown to ye
caused by variations in mass ratio rather than by static aeroelastic deformations as had
been suspected. Consideration of the latter, however. may be necessary for quantitative
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accuracy. Calculated flutter speeds were unconservative because of the well-known
deficiencies of potential-flow theory in predicting steady-state shock strengths and
locations at Mach numbers near one. Calculations are continuing with a coupled boundary
layer.

The paper by Niblett examines the trim conditions, deformations, loads, and divergence
calculated for a highly sicplified rectangular-wing/body/tail configuration in free
flight and compares the results with conditions at fixed-root divergence speed. It is
shown that as speed increases at trimmed condition, the increasing wash-in deformation
of the wing must be compensated by an opposing change in angle of attack. Also, at a
speed near fixed-root divergence, the horizontal-tail angle change required to prosace a
given increment of normal acceleration goes to zero.

The paper by Hon1in er,_Schwe _ ndSchewe discusses scaling requirements, design,
wind-tunnel testing, measurements, and interpretation of results for aeroelastic models
with emphasis on the modeling of aircraft and components with composite structures.
Models with replica laminations are recommended in order to reproduce anisotropic
properties faithfully. The design and testing of an aeroelastically tail._red fin-rudder
model are presented as examples. The development of a piezoelectric force balance is
described as an attractive alternative to the conventional strain-gage balance which
introduces unwanted flexibility. For the measurement of model deformations under load,
an opto-electrunic system has been constructed. This system employs charge-coupled
devices which are focused on points on the model which are illuminated by the ends of
optical fibers imbedded in the model. It would be interesting to compare the features
and limitations of this system with the old-fashioned optical lever.

The paper by Eckstrom employed procedures similar to those used by an aircraft company
to combine linear aeroelastic analyses with nonlinear wind-tunnel data for rigid models
in order to obtain estimates of aerodynamic, stability, and control characteristics for
a flexible aircraft. For example, at a given Mach number, calculated increments were
applied to angle of attack for zero lift as a function of dynamic pressure, and
calculated flex-to-rigid ratios were applied to lift-curve slope as a function of
dynamic pressure times rigid-wing lift-curve slope. Thus, maximum lift was not changed,
and the nonlinear character of the wind-tunnel data was preserved. Application of the

procedure to a pilotless airplane with a very flexible transport-type research wing gave
reasonable looking results, but no flexible-wing data were shown for validation.

The paper by Destaynder examined by calculations and experiments the effect of static
deformation on the steady and unsteady aerodynamics and flutter characteristics of a
supercritical transport-type wing model with pylon-mounted nacelle at angles of attack
between plus and minus 1.5 degrees. Calculated deformations were confirmed by
experiments. In flutter experiments at Mach number 0.78 and constant stagnation
pressure, flutter occurred as angle of attack was decreased to -1.5 degrees - a result
that is qualitatively consistent with flutter calculations by Yates, Wynne, and Farmer
(fig. 8 of ref. I in the paper by Destuynder) for a more highly swept supercritical wing
at Mach numbers 0.95 and 0.98. Modification of the unsteady aerodynamic forces by use
of experimental steady-state section coefficients to account for wing deformation
Improved agreement between calculated and measured flutter results and showed trends
with increasing stagnation pressure that were similar to those described by Yates and
Chu. The results, however, were significantly influenced by nacelle aerodynamics, and
the experimental flutter mode involved a considerable amount of nacelle pitching. This
is yet another indication of the need to assess and incorporate the aerodynarics of
pylon-mounted nacelles in flutter calculations, especially for aircraft with high-
bypass-ratio engines.

The paper by Charpin, hrnand, and Selvagini described several methods which have been
developed for determining the deformations of models during wind-tunnel testing.
Applications are shown; accuracy and limitations are assessed. These methods include
(1) photography of reflecting patterns such as the long-used procedure of superimposing
or double-exposing wind-on and wind-off images of multiple markings on the model or
light reflected from mirrors on the model.- The use of phosphorescent paint and
ultraviolet illumination can enhance this capability. Exposure times can also be
lengthened to yield a measure of model vibration amplitude. The latter technilue uas
used years ago to measure natural vibration modes of flutter models. Deformations of
rotating models, such as propellers, are obtained by stroboscopic illumination; '2
torsionmeter measurement of laser light baoksoattered from a polarized target.- This is
an interesting technique that has produced useful results, but it does not appear tn be
readily adaptable to the determination of general displacements at multiple points on a
model surface; (3) use of fiber-optic light sources and optical detectors.- A similr
method was described by Honlinger, Schueiger, and Schewe. The present method employs
detectors supported on a secondary sting behind the model and thus may cause flow
disturbances; (4) calculation of displacements by integration of measured strains.-
This procedure is mot appropriate when model geometry and deformations are of simple
form and/or wher displac -- :re sizeable relative to model dimensions. The
de:-mmal-on ui - .icopter rotor blades or of high-aspect-ratio wings fits these
conditions. Acceptable accuracy has been obtained with these methods, but there is
still need for a general method for measuring arbitrary deflections at multiple points
on models of varying size and shape without flow interference and with minimum
sensitivity to vibrations--in a cryogenic environment!
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The emphasis on methodology for combat aircraft in this specialists' meeting is entirely
appropriate because of the severity of static aeroelastic problems involved in achieving
adequate maneuverability and agility of such aircraft in all speed ranges and operating
conditions without unacceptatle weight penalties associated with added structural mass
and/or additional control surfaces and actuators. It is essential not only that we be
able to analyze these aeroelastic problems accurately and reliably, but that we be able
to design appropriate light-weight structures and appropriate control systems and to do
it early in the design prozess rather than as a late-stage fix. The importance of trhse
requirements was emphasized during recent visits to seven major U.S. aircraft companies
by NASA Langley personnel. The companies still rely on linear aerodynamic and
structural models to calculate aeroelastic deformations and loads. The
aerodynamic/structures/inertia interface still causes difficulty, and the relations
between structural stress models and aeroelastic models are still not handled in routine
fashion. There is also still a major need for efficient, reliable methods for
calculating aerodynamic loads on arbitrary aircraft configurations at transonic Speeds
and at high angles of attack. Experimental validation of such methods will De
especially difficult because of the importance of Reynolds-number scaling and wind-
tunnel wall effects.

With regard to design, we have already seen that even the relatively limited design
problem addressed by Schmidinger and Sensburg ended up being rather involved. In view
of the multitude of design variables associated with controls and control systems, as
well as those Involved with aeroelastically tailored composite structures, it is obvious
that such design problems should be addressed within the framework of computer-aided
interdisciplinary design processes, and the SMP should encourage and promote that kind
of activity within the constituent countries with all deliberate speed, recognizing,
however, that methods disclosure may be limited ty proprietary interests.

With regard to aeroelastic analysis, we saw methods involving a wide range of
complexity--from the relatively simpl adjustment of wind-tunnel data given by Eckstrom
to the comprehensive analysis outline-! by Petiau. Various levels of analysis are needed
for various purposes. Consequently, the SMP should continue to encourage the
development of varied capabilities and the reporting of them through its meetings and
publications. There appears to be no reason to encourage restrictive standardization of
methodology nor to promote any particular favored method at this time.

The papers by lestuynder and by Yates and Thu serve to remind that when aerodynamic

behavior is nonlinear, static characteristics (aeroelastic or other) can affect unsteady
aerodynamics and, hence, dynamic behavior. Moreover, as was shown in those two papers,
the static effects can be quite substantial. The basic message, therefore, is that for
conditions involving nonlinear aerodynamIc behavior, dynamic response and flutter should
be calculated (or measured) about a correct static shape and loading corresponding to
the relevant geometrical and flow conditions of interest. The SMP should continue to
monitor and report such static/dynamic interactions as appropriate.
Similar comments apply to the subject of aervelastle modeling and testing. Especially
important is the measurement of deflection under load and/or .he calculation of
deflection from measured loads and structural influence coefficients. Accurate
measurements of pressures and forces are of little value iniess the configuration shape
that generated them is also accurately known.

Finally, those invplved in these and subsequent SMP activities should continue to bring
to the attention of the Aeroelasticity Subcommittee information on significant problem
areas In static as well as dynamic aeroelastleity (e.g., aeroservoelasticity), including
those problems that were perhaps not covered in this speclalists' meeting.
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